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PREFACE
This three-part document constitutes the Project Mission Report on
S,rveyor l, the first i_o a series of tm_m_.__n__n_edlunar soft-!_nding _m__issio,)_s:
Part I of this report consists of a technical description and an eval-
uation of engineering results of the systems utilized in the Surveyor I
mission. Part I was prepared from the contributions of a number of
individuals who were cognizant over particular systems. Much of the
content of the report was drawn from individual systems reports and
other published documents. Analysis of the data received from the
Surveyor I mission is continuing and some improvement in accuracy
is expected in the specific performance values presented here.
Part II of this report comprises the scientific analysis and interpre-
tation of the video and other data gained from the mission. Part III is
a compilation of the data used for the scientific analysis, including
selected photographs.
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JPL TECHNICAL REPORT NO. 32-1023
CONTENTS
Io
Ih
III.
IV.
V°
Vh
VII.
Introduction ................ 1
A. Surveyor Project Objectives .......... 1
B. Project Description ............... 2
C. Mission A Objectives .......... 8
D. Mission A Summary. .......... 3
Space Vehicle Preparations and Launch Operations .... 7
A. Spacecraft Assembly and Testing ........... 7
B. Combined Systems Test at San Diego ......... 8
C. Launch Operations at AFETR .......... 9
D. Launch Phase Real-Time Mission Analysis ...... 11
Launch Vehicle System ........... 15
A. Atlas Stage ................ 15
B. Centaur Stage ............... 16
C. Launch Vehicle/Spacecraft Interface ......... 17
D. Vehicle Flight Sequence of Events .......... 19
E. Performance ................ 20
Surveyor Spacecraft ............... 23
A. Spacecraft System ........... 23
B. Structures and Mechanisms
C. Thermal ......
D. Electrical Power
E. Flight Control ....
F. Telecommunications
G. Propulsion .....
H. Payload .....
.......... 36
......... 42
......... 46
......... 51
......... 5
......... 71
......... 78
Tracking and Data Acquisition System ......... 89
A. Air Force Eastern Test Range ........... 89
B. Goddard Space Flight Center ........... 95
C. Deep Space Network .......... 97
Mission Operations System
A. Functions and Organization
B. Mission-Dependent Equipment
C. Mission Operations Chronology
.......... 111
.......... 111
.......... 114
.......... 119
Flight Path and Events .
A. Launch Phase .....
B. Cruise Phase ......
.......... 127
.......... 127
.......... 127
V
JPL TECHNICAL REPORT NO. 32-1023,
CONTENTS (Cont'd)
C. Midcourse Maneuver Phase ......
D. Terminal Phase ...........
E. Landing Site ..........
Appendix A. Surveyor Mission A Events ....
Appendix B. Surveyor Spacecraft Configuration .
Appendix C. Spacecraft Temperature Histories
Bibliography ................
..... 133
..... 137
..... 137
..... 139
..... 146
149
165
TABLES
I1-1.
IV-1.
IV-2.
IV-3.
IV-4.
IV-5.
IV-6.
IV-7.
IV-8.
IV-9.
IV-IO.
IV-11.
IV-12.
IV-13.
IV-14.
IV-15.
IV-16.
IV-17.
V-1.
V-2.
Major operations at Cape Kennedy ........ 9
Content of telemetry signals from spacecraft ....... 29
Surveyor I spacecraft reliability ........... 30
Surveyor I overall system performance summary ...... 32
Major midcourse thrust vector pointing angle errors .....
Major midcourse thrust vector magnitude errors 34
Main retro burnout dispersions ......... 34
Surveyor I performance data ........ 36
Thermal compartment component installation ...... 40
Surveyor I pyrotechnic devices ....... 42
Comparison of predicted vs actual values ...... 48
Flight control modes .............. 56
Gyro temperatures ............... 61
Typical signal processing performance values . 70
Midcourse maneuver data .......... 76
Control characteristics during terminal descent .... 77
Terminal maneuver data .......... 77
Propellant consumption ........... 77
AFETR prelaunch configuration ........ 89
GSFC Network configuration ......... 96
VI
TABLES (Cont'd)
JPL TECHNICAL REPORT NO. 32-1023
V-3.
V-4.
V-5.
V-6.
V-7.
V-8.
Vl-1.
VI-2.
VI-3.
VI-4.
VII-1.
VII-2.
Characteristics for 5-band and L/S-band antenna systems 99
Mission A Test Plan summary for DSS11, 42, and 51 ..... 100
DSIF tracking passes ........... ]0:3
Commands transmitted by prime tracking stations ..... 104
Summary of DSIF anomalies .......... 105
TV pictures made by commands from prime tracking stations 107
Mission-dependent equipment support of Mission A at
DSIF stations .............. 115
Mission A Command and TV activity ....... 115
CDC Mission A anomalies ............. 116
Deviations from standard Mission A flight sequence . 12_
Premidcourse and postmidcourse injection and terminal
conditions ................. 136
Predicted values of terminal parameters ...... 137
FIGURES
I1-1.
11-2.
11-3.
11-4.
II1-1.
111-2.
IV-1.
IV-2.
IV-3.
IV-4.
IV-5.
IV-6.
IV-7.
IV-8.
IV-9.
Combined System Test Stand (CSTS) at San Diego ...... 8
Atlas Centaur AC-10 lifting off with Surveyor I ...... 11
Surveyor launch window design for May/June 1966 launch
window .................. 12
Station coverage capability, Surveyor Mission A ...... 13
Atlas Centaur Surveyor space vehicle configuration ..... 16
Surveyor Centaur interface configuration ...... 18
Spacecraft subsystems ............ 2,3
Surveyor I spacecraft configuration ...... _J_
Simplified spacecraft functional block diagram ..... 2_
Surveyor I post-touchdown thermal orientation ...... 27
Spacecraft coordinates relative to celestial references ..... 30
Surveyor I spacecraft reliability test history ........
31Typical transit sequence ...........
Z-axis random environment at spacecraft/adapter interface
Z-axis sine environment at spacecraft/adapter interface ....
VII
JPL TECHNICAL REPORT NO. 32-1023
FIGURES (Cont'd)
IV-IO.
IV-1 1.
IV-12.
I_l 1 J'J
IV-lg.
iV-14.
IV-15.
IV-16.
IV-1 7.
IV-18.
IV-19.
IV-20.
IV-21.
IV-22.
IV-23.
IV-24.
IV-25.
IV-26.
IV-27.
IV-28.
IV-29.
IV-30.
IV-31.
IV-32.
IV-33.
IV-34.
IV-35.
IV-36.
IV-37.
IV-38.
IV-39.
IV-40.
IV-41.
Z-axis shock spectra environment at spacecraft/adapter
interface .................. 33
Spaceframe .............. 35
Actual touchdown strain-gage data .......... 37
Computer-simuloted touchdown strain-gage data. 37
Landing leg assembly ........... 38
Antenna/solar panel configuration ....... 39
Thermal switch ................ 41
Thermal design ................ 43
Lunar temperatures, Compartment A ......... 44
45Lunar temperatures, Compartment B .......
Simplified electrical power functional block diagram . 47
48Regulated output current ...........
Unregulated output current ........... 49
OCR output current ............... 49
50Solar cell array current ...........
Solar cell array voltage ........... 50
Main battery manifold pressure ....... 51
Main battery voltage ............. 52
Main battery discharge current ........... 52
Auxiliary battery voltage ........... 53
Boost regulator preregulator voltage ...... 53
29-v unregulated bus voltage ...... 54
22-v unregulated bus voltage ....... 54
Battery energy capacity and total power consumption profile 55
Simplified flight control functional block diagram ...... 56
Simplified RADVS functional block diagram 58
59RADVS beam orientation ........
Altitude-velocity diagram ........ 60
AMR AGC level ................ 62
Mission A descent profile, below 2000 ft ...... 64
Mission A descent profile, above 1000 ft 64
64RADVS beam-1 reflectivity signal .......
VIII
JPL TECHNICAL REPORTNO. 32-1023
FIGURES (Cont'd)
IV-42.
IV-43.
IV-44.
IV-45.
IV-46.
IV-47.
IV-48.
IV-49.
IV-50.
IV-51.
IV-52.
IV-53.
IV-54.
IV-55.
IV-56.
IV-57.
IV-58.
IV-59.
IV-60.
IV-61.
IV-62.
IV-63.
IV-64.
IV-65.
IV-66.
IV-67.
RADVS beam-2 reflectivity signal .........
RADVS beam-3 reflectivity signal .........
RADVS beam-4 reflectivity signal .........
Simplified telecommunication functional block diagram
Total received power, Receiver A .........
Total received power, Receiver B ..........
Station received RF power ............
Simplified signal processing functional block diagram
Vernier propulsion subsystem ......
Simplified vernier propulsion system schematic
Vernier engine thrust chamber
Retrorocket engine ......
Propulsion system temperatures, launch to landing
Propellant and helium tank(s) pressure vs time
Propulsion system temperatures, post-landing .
Engineering payload
Simplified engineering payload sensors functional block
diagram ............
Survey TV camera ...........
Simplified survey TV camera functional block diagram
Relative tristimulus values of the color filter elements
TV photometric/colorimetric reference chart
Camera 200-line light transfer characteristic as a function
of exposure ...............
Camera 600-line light transfer characteristic as a function
of exposure ...............
Camera 200-line light transfer characteristic as a function of
lunar brightness .............
Camera 600-line light transfer characteristic as a function of
lunar brightness .............
Camera 600-line light transfer characteristic as a function of
color filter position .............
Camera sine-wave response characteristic ......
Preliminary instrumentation coverage for May 30, 1966 .
64
65
65
66
67
67
68
69
..... 7:2
...... 7:3
..... 73
..... 74
..... 75
..... 76
.... 78
.... 79
.... 80
.... 82
.... 83
.... 83
.... 84
85
86
86
87
87
88
90
IX
JPL TECHNICAL REPORT NO. 32-1023
FIGURES (Cont'd)
V-2°
V-3.
V-4.
V-5.
V-6.
V-7.
V-8.
V-9.
V-IO.
V-11.
V-12.
Vh
VII-1.
VII-2.
VII-3.
VII-4.
VII-5.
VII-6.
VII-7.
VII-8.
VII-9.
Radar coverage, before spacecraft separation ......
Radar coverage, after spacecraft separation ......
VHF telemetry coverage ..........
S-band telemetry coverage ..........
Real-time data transmission ..........
DSS 11, Goldstone DSCC, Master Station of the DSIF
SFOF power system rewiring ......
Station view periods ...........
DSS-received signal level ..........
Ground communication system links ......
General configuration of SFOF data processing system
Organization of MOS ............
Launch phase trajectory ............
Earth-moon trajectory and nominal events ......
Surveyor I earth track .......
Surveyor I program target and uncorrected impact points ....
Surveyor and Centaur trajectories in earth's equatorial phase
Surveyor I landing location .......
Midcourse capability contours for May 30, 1966 launch
Effect of noncritical velocity increment on terminal descent
parameters ..............
Terminal descent nominal events ......
• 92
92
93
94
95
98
101
102
103
106
108
112
128
129
130
131
132
133
134
135
138
X
JPL TECHNICAL REPORT NO. 32-1023
ABSTRACT
Surveyor I, the first of a series of unmanned, soft-landing missions,
was launched from Cape Kennedy, F!orida_ nn May 30; 1966, and
achieved a perfect soft-landing on the moon, June 2, 1966. All Project
and Flight Objectives for this mission were satisfied. The spacecraft
(Surveyor I) continued to operate successfully and provide telemetry
data until two days after sunset of the first lunar day, when telemetry
transmission was purposely discontinued for the lunar night. Spacecraft
operation was resumed durflag the second lunar day and continued
performing until sunset, July 14, 1966, when the operational phase of
the Surveyor I mission was terminated. Over 100,000 ground commands
were transmitted to the spacecraft during the course of the mission, and
over 11,000 pictures were returned and recorded. A large quantity of
data was also received related to lunar bearing strength, radar reflectiv-
ity, and surface temperature of the moon. A technical description of the
mission and an evaluation of the engineering results are presented herein.
XI
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h INTRODUCTION
Surveyor I was launched on Mission A from Cape
Kennedy, Florida, at 14:41:00.990 GMT on May 30, 1966,
and soft-landed on the moon at 06:17:,_7 GMT on June 2,
1966. All established goals were attained on this mission,
the first in a series of unmanned spacecraft flights de-
signed to soft-land and function on the hmar surface.
In addition to meeting established objectives, Surveyor I
demonstrated a capability to operate successfully in the
lunar environment over a period of time greatly in excess
of that required by the mission objectives--including
survival through the long lunar night and resumption of
operations during the following period of daylight.
At the termination of Surveyor I operations at the close
of the second lunar day, on July 14, 1966, over 100,000
commands had been sent to the spacecraft and over
ll,000 pictures had been returned.
A. Surveyor Project Objectives
Surveyor is one of two unmanned lunar exploration
projects currently being conducted by the National Aero-
nautics and Space Administration. The other, Lunar
Orbiter, is planned to provide medium- and high-
resolution photographs over broad areas to aid in site
selection for the Surveyor and Apollo landing programs.
The overall objectives of the Surveyor Project are:
1. To accomplish successful soft landings on the moon
as demonstrated by operations of the spacecraft
subsequent to landing.
2. To provide basic data in support of Apollo.
:3. To perform operations on the lunar surface which
will contribute new scientific knowledge about the
moon and provide further information in support
of Apollo.
The first seven flights, identified as Missions A
through G, are currently authorized in the Surveyor
Project. The first four of these missions were planned to
satisfy Project Objective 1 above. The last three were
planned to meet Project Objective 2 above. Planning and
engineering are underway for additional missions, which
are intended to meet Objective 3 above. However, no flight
hardware is currently authorized for this configuration.
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The highly stlccessful Surveyor I mission has satisfied
Objectives 1 and 2 above, and has contributed signifi-
cantly to the attainment of Objective 3. The Surveyor I
landing site appears to be suitable for Apollo, which
will utilize final descent and landing system technology
similar to that of Surveyor.
B. Project Description
The Surveyor Project is managed by the Jet Propulsion
Laboratory for the NASA Office of Space Science and
Applications. The Project is supported by four major ad-
ministrative and functional elements or systems: Launch
Vehicle System, Spacecraft System, Tracking and Data
Acquisition System (T&DA), and Mission Operations
System (MOS). In addition to overall project manage-
ment, JPL has been assigned the management responsi-
bility for the Spacecraft, Tracking and Data Acquisition,
and Mission Operations Systems. NASA/Lewis Research
Center (LeRC) has been assigned responsibility for the
Atlas/Centaur launch vehicle system.
1. Launch Vehicle System
Atlas Centaur launch vehicle development began as
an Advanced Research Projects Agency program for
synchronous-orbit missions. In 1958, General Dynamics/
Convair was given the contract to modify the Atlas first
stage and develop the Centaur upper stage, and Pratt &
Whitney was given the contract to develop the high-
impulse LH,/LO_. engines for the Centaur stage.
The Kennedy Space Center, Unmanned Launch Oper-
ations branch, working with LeRC, is assigned the
Centaur launch operations responsibility. The Centaur
vehicle utilizes Launch Complex 36, which consists of
two launch pads (A and B) connected to a common block-
house. The blockhouse has separate control consoles for
each of the pads. Pad 36A was utilized for Surveyor
Mission A.
Seven R&D flight tests were performed in the four
years preceding the launch of Atlas Centaur AC-10 for
Mission A, which marked the first operational flight of the
vehicle. The successful flight of AC-6 on August 11, 1965,
demonstrated the operational capability for "direct ascent"
missions. Direct ascent was the mode utilized for Mis-
sion A and will also be used for Missions B and D. One
additional Centaur dual-burn development flight is sched-
uled to demonstrate capability to launch via "parking
orbit ascent" trajectories. Centaur dual-burn flights are
scheduled for Missions C, E, F, and G.
2. Spacecraft System
The Surveyor spacecraft weight of about 2200 lb and
overall dimensions were established in accordance with
the Atlas/Centaur vehicle capabilities. Three major fea-
tures, first demonstrated on the Ranger missions, were
incorporated in the Surveyor spacecraft system: fully
attitude-stabilized spacecraft, earth-directed high-gain
antenna, and the midcourse maneuver. Demonstration of
TV communication at lunar distances is another Ranger
achievement which has been of value to Surveyor and
the other lunar programs. In addition, the Surveyor space-
craft utilizes several new features associated with the
complex terminal phase of flight and soft-landing: throttle-
able vernier rockets with solid-propellant main retro-
motor; extremely sensitive velocity- and altitude-sensing
radars, and an automatic closed-loop guidance and con-
trol system. The demonstration of these devices on
Surveyor missions is a direct benefit to the Apollo pro-
gram, which will employ similar techniques. Design,
fabrication, and test operations of the Surveyor spacecraft
are performed by Hughes Aircraft Company under the
technical direction of JPL.
3. Tracking and Data Acquisition System
The T&DA system provides the tracking and communi-
cations link between the spacecraft and the Mission
Operations System. For Surveyor missions, the T&DA
system uses the facilities of: (1) the Air Force Eastern
Test Range for tracking and telemetry of the spacecraft
and vehicle during the launch phase, (2) the Deep Space
Network for precision tracking, communications, data
transmission and processing, and computing, and (3) the
Manned Space Flight Network and the World-Wide
Communications Network (NASCOM), both of which are
operated by Goddard Space Flight Center.
The critical flight maneuvers and nearly all the picture-
taking operations on Mission A were commanded and
recorded by the Deep Space Station (DSS 11) at Gold-
stone, California, during its view periods. A few picture
sequences were obtained by DSS 42, near Canberra,
Australia, and the Johannesburg station (DSS 51), which
served as prime stations for tracking and monitoring of
engineering telemetry. The DSS stations near Madrid,
Spain (DSS 61), at Ascension (DSS 72), and at Goldstone
(DSS 14 with its large 210-ft antenna and DSS 12) were
configured for monitoring and backup operation during
the mission.
4. Mission Operations System
The Mission Operations System essentially controls the
spacecraft from launch through termination of the
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mission. In carrying out this function, the MOS constantly
evaluates the spacecraft performance and prepares and
issues appropriate commands. The MOS is supported in
its activities by the T&DA system as well as special hard-
ware provided exclusively for the Surveyor Project and
referred to as mission-dependent equipment. Included in
this category are the Command and Data Handling Con-
soles installed in the DSS's, the Television Ground Data
Handling System, and other special display equipment.
A JPL scan conversion system made it possible to dis-
play Mission A pictures in real-time on conventional TV
monitors at the Laboratory as they were being relayed
from the Surveyor on the moon via microwave from
Goldstone. During the night of June 1 and the morning
hours of June 2, when Surveyor I took its first 144 pic-
tures, commercial television networks further relayed the
"live" lunar program throughout the nation. The Early
Bird satellite carried the pictures even farther--to Europe.
C. Mission A Objectives
All Mission A objectives were satisfied. The specific
objectives of each Surveyor Mission arc denoted as "flight
objectives." For Mission A the flight objectives were speci-
fied in three categories: primary, secondary, and tertiary.
1. Primary Flight Objectives
a. Demonstrate the capability of the Surveyor
spacecraft to perform successful midcourse and
terminal maneuvers and a soft-landing on the
moon.
b. Demonstrate the capability of the Atlas Centaur
vehicle to successfully inject the Surveyor space-
craft on a lunar intercept trajectory.
c. Demonstrate the capability of the Surveyor Com-
munications System and the Deep Space Network
to maintain communications with the spacecraft
during its flight and after the soft landing.
2. Secondary Flight Objectives
a. Obtain in-flight engineering data on all spacecraft
subsystems used in cruise flight.
b. Obtain in-flight engineering data on all spacecraft
subsystems used during the midcourse maneuver,
terminal maneuver, and main retro phase.
c. Obtain in-flight engineering data on the perform-
ance of the closed-loop terminal descent guidance
and control system, consisting of the velocity and
altitude'radars, on-board analog computer, auto-
pilot, and vernier engines.
d. Obtain engineering data on the performance of
spacecraft subsystems used on the lunar surface.
3. Tertiary Flight Objectives
a. Obtain post-landing TV pictures of a spacecraft
footpad and the immediately surrounding lunar
surface material.
b. Obtain post-landing TV pictures of the lunar
topography.
c. Obtain data on the radar reflectivity of the lunar
surface.
d. Obtain data on the bearing strength of the lunar
surface.
e. Obtain spacecraft temperature data on the lunar
surface for use in the analysis of lunar surface
temperatures.
Prior to Mission A launch, a launch-hold criterion was
established in that the capability must exist for all project
systems to meet all objectives (primary, secondary, and
tertiary) before the launch would be permitted.
D. Mission A Summary
Surveyor I lifted off Pad 36A at Cape Kennedy within
one second of its planned launch time at 14:41:01 GMT
on May 30, 1966. The perfect countdown was followed
by a boost into space by the Atlas/Centaur AC-10 vehicle
that would have put the spacecraft on the moon within
250 miles of the aiming point. All launch vehicle and
spacecraft events through Canopus acquisition occurred
satisfactorily and at near-nominal times with the excep-
tion of the deployment of one of Surveyor's two low-gain
antennas, Omniantenna A.
Two-way communications lock was achieved by Deep
Space Station 51 (DSS-51) in Johannesburg, South Africa,
at liftoff plus 28 min, transferring control of the mission
from the Eastern Test Range to the Space Flight Opera-
tions Facility (SFOF) at JPL, in Pasadena, California.
Commands were transmitted to Surveyor to deploy
Omniantenna A, but telemetry indicated no change.
Although the minor antenna failure was not expected
to seriously jeopardize the mission from either the stand-
point of communications or because of the slight change
in spacecraft center of gravity, the exact position of the
antenna remained undetermined. This was a concern
until post-touchdown telemetry and signal strength re-
vealed that it had deployed during either retro fire or
upon spacecraft cohtact with the lunar surface.
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In planning the midcourse maneuver, a new aiming
point (2.88 deg south, 48.88 deg west) was chosen about
1 deg farther north than the original target to improve
the probability of landing in a smooth region. During
visibility of DSS-11, Goldstone, a roll-yaw maneuver
sequence was conducted in preparation for mideourse
velocity correction. Then, at 06:45 GMT on May 81, 1966,
a velocity correction of 20.85 m/see was executed. Only a
fraction of this velocity change was required to compen-
sate for the iv_ection error. The larger maneuver was
selected to optimize the terminal descent conditions,
which included main retro burnout velocity, vernier
system propellant margin, and arrival time.
In preparation for terminal descent, a roll-yaw-roll
maneuver sequence was initiated 88 min before retro
ignition to properly align the retrorocket nozzle. This
sequence was utilized in place of the normal two-
maneuver sequence to optimize signal strength from
Omniantenna B and to utilize proven attitude maneuvers.
The spacecraft altitude marking radar provided a mark
signal that started the automatic descent sequence. After
a delay of 7.826 see, the three liquid-propellant vernier
engines ignited, followed (after an additional 1.1-see
delay) by ignition of the solid-propellant main retro motor
at a hmar slant range of 0_46,635 ft and velocity of 8,565
ft/see, blain retro burnout occurred after the spacecraft
had been decelerated to a velocity of 428 if/see. After the
solid motor case was ejected, the radar altimeter and
doppler velocity sensor (RADVS) became operational
and controlled the final descent by throttling the vernier
engines. The vernier engines were cut off when the space-
craft was 12 ft from the surface and traveling only
4 ft/see. The spacecraft free-fell the final 12 ft, touching
the surface at 06:17::37 GMT on June 2, 1966, with a
velocity of 12 ft/sec. The three footpads contacted the
surface nearly simultaneously (within 19 millisee of each
other) and penetrated the surface to a depth of a few
inches. At least one of the three crushable blocks under
the frame also made an imprint on the surface as the
shock absorbers compressed at touchdown. Strain-gage
readings indicated that the spacecraft rebounded about
2t_ in. above the surface before coming to rest.
The best estimate of the actual landing site, based upon
preliminary analysis of post-touchdown tracking data, is
- 2.58 deg latitude and 816.66 deg longitude in the Ocean
of Storms, about 9 miles from the modified aiming point.
This result is in good agreement with landing site deter-
minations discussed in Part II of this report, which are
based upon correlation of Surveyor I topographical
photos with earth-based pictures.
On a scale of miles, the spacecraft landed on a rela-
tively smooth, nearly level, bare surface, encircled by
hills and low mountains, the erestlines of a few of which
are visible along the horizon from the vantage point of the
spacecraft survey camera (about 4 ft above the surface).
On a finer scale, the terrain surrounding Surveyor I is a
gently rolling surface composed of granular material of a
wide size range, studded with craters having diameters
from a few inches to several hundred yards, and littered
with fragmental debris ranging in size from less than
0.04 in. to more than a yard. The larger craters observed
resemble those seen in the Ranger photographs in shape
and distribution, leading to the conclusion that the
Surveyor I site is representative of a mare surface.
Touchdown occurred 57 hr into the first lunar day
(May 30-June 14), with about 5 hr remaining in the view
period of DSS-11 at Goldstone, California. After post-
landing engineering interrogations confirmed that all
spacecraft systems had survived the landing, the first
200-scan-line picture was transmitted about 85 min after
touchdown. After 18 additional 200-line pictures were
received, the solar panel was positioned to receive maxi-
mum solar power, and the high-gain antenna was pointed
toward the earth for transmission of higher quality'600-
line pictures. Goldstone received 188 600-line pictures
during the remainder of its first post-touchdown "pass,"
before it was necessary to command the spacecraft to an
engineering telemetry mode for transfer to DSS-42 at
Canberra, Australia.
By taking advantage of shading afforded by other ele-
ments of the spaeecraft, it was possible to operate the
spacecraft without exceeding the thermal limits during
each remaining Goldstone pass of the first lunar day,
except on June 8 and 9, when operations were suspended.
In addition to a vast number of wide- and narrow-angle
hmar surface pictures under varying lighting conditions,
photographs were obtained of several bright stars in an
effort to determine more accurately the location of the
Surt)eyor spacecraft. (Because of the limited elevation
range of the camera mirror, it was not possible to photo-
graph the earth.) Pictures were also taken during and
after the firing of lmrsts of nitrogen gas from the space-
craft attitude control jets in an unsuccessful attempt to
disturb the lunar surface. A number of pictures were
taken of the solar corona just after sunset. Over 10,000
pictures were received before the camera was secured
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after sunset of the first lunar day. The last of these pic-
tures was successfully taken after the terminator had
passed by increasing the exposure time to 4 min to permit
sufficient earth-reflected light to illuminate the spacecraft
footpad No. 2.
The spacecraft was in excellent condition as the first
lunar day came to a close and, as a result, was secured in
a configuration which was most favorable for its revival
during the second lunar day.
Repeated attempts were made to communicate with
the spacecraft beginning just before sunrise of the second
lunar day, June 28. It finally responded on July 6, proving
it had successfully survived the long, cold lunar night.
The spacecraft solar panel was carefully commanded to
a position to permit recharging of the battery, which had
become very weak.
Shortly after resuming video operations on the second
lunar day, a spacecraft battery anomaly occurred, causing
an excessive rise in temperature. After emergency steps
had been initiated to utilize what were believed to be the
last few hours ot spacecraft life, the battery returned to
normal operation. It was then possible to continue taking
picture sequences until the close of the second lunar day,
July 14, when the operational phase of Mission A was
terminated.
5
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II. SPACE VEHICLE PREPARATIONS AND LAUNCH OPERATIONS
The Surveyor spacecraft was assembled and flight-
acceptance-tested at Hughes Aircraft Corporation, E1
Segundo, California. On February 19, 1966, it was shipped
to the Combined Systems Test Stand (CSTS) at San Diego
for compatibility tests with the Atlas/Centaur (AC-10)
launch vehicle. Immediately after completion of these
tests the spacecraft and launch vehicle were air-lifted
by C-1._3 aircraft to the Air Force Eastern Test Range
(AFETR). Prelaunch assembly, checkout, and systems
tests were carried out successfully, and launch was ac-
complished at the opening of the launch window on the
first day of the scheduled launch period at 0941:00 EST,
May :30, 1966.
A. Spacecraft Assembly and Testing
Initial assembly of Surveyor I was accomplished in the
fall of 1964 and was followed by periods of Systems
Group Testing, Initial Systems Checkout, Mission Se-
quence Tests, and some upgrade and rework periods.
This sequence of tests was, in turn, followed by flight-
acceptance vibration tests in June of 1965. The test
sequence consisted of two lateral-axes vibrations and a
Z-axis vibration.
In these initial system-level tests, numerous design
problems were discovered and, after vibration testing, a
period of spacecraft upgrade and a series of special tests
were performed to improve the spacecraft performance.
These tests were followed by a spacecraft checkout se-
quence early in August 1965 and prior to committing
the spacecraft to Mission Sequence Tests in the solar-
thermal-vacuum (STV) environment.
The solar-thermal-vacuum tests were conducted in the
vacuum chamber at the HAC facility in E1 Segundo,
starting in mid-August 1965. The tests consisted of two
full-duration mission sequences at higher (112%) and
lower (87%) than the expected Sun intensity, followed
by a shorter, "plugs out" sequence at nominal Sun in-
tensity. Considerable difficult>, was experienced with
spacecraft performance during the STV tests, resulting
in either test aborts or tests not considered acceptable.
After spacecraft rework and retest, the sixth attempt at
the STV sequence resulted in acceptable spacecraft per-
formance and was completed on January 22, 1966.
Because of the problems encountered in the STV se-
quences and resultant hardware rework and change, the
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Z-axis vilxation test \vas rc~pcated late in January 1966. 
This test \vas followed hy  a vernier engine vilmltion test 
to verify proper radar altimeter and dopplrr velocity 
sensor (IMDVS) performaincc, under simulatcd retro en- 
gine l ~ u r n  and a test to vstalilish proper flight control 
stability u n c h  dynamic conditions. 
The spncecraft w a s  thc'tl shipped by  v a n  to the Corn- 
1)incd Systems Test (CST) facility in S a n  Dicgo on Feh- 
ruary 19, 1066. 
hility between t h y  launch vehicle and the sp;lcecritft 
during a simulated countdo\vn m d  flight. The configura- 
tion for the test is sho\vn in Fig. 11-1. The Atlas  w a s  
installed in a horizontal test position on December 29, 
1965, followed b y  ercxction of the C o t f c i r i r  and interstage 
adapter in the adjoining vcvtical test stand on Janiiary 31. 
1966. 
Fig. 11-1. Combined System Test Stand (CSTS) at San Diego 
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The Combined Systems Test was performed on March 7,
1966. Data analysis indicated only minor interface prob-
lems, and the spacecraft was demated from the Centaur
on March 8, 1966. After preparation for shipment, the
spacecraft was transported by air from Miramar, San
Diego, to AFETR on March 13, 1966. Atlas and Centaur
shipment, also by air, occurred, respectively, March 14
and 16.
C. Launch Operations at AFETR
The major operations performed at AFETR after ar-
rival of the spacecraft, the spacecraft support equipment,
and the launch vehicle are listed in Table II-1.
1. Initial Preparations
Following inspection of the spacecraft and reassembly
after arrival at Hangar AO on March 14, 1966, a series of
performance verification tests was performed. These in-
itial spacecraft tests were completed by April 5, 1966.
Included in these tests were calibrations of the survey
television camera. No significant spacecraft problems
were noted.
The spacecraft then was moved to the Explosive Safe
Facility (ESF) and prepared for the first trip to the
launch pad. Preparations included (1) flight-level pres-
surization of the flight control gas system so that a leak
test could be accomplished during the on-pad period,
(2) installation on the forward adapter, and (3) encapsu-
lation of the spacecraft. During this period, the battery
charge regulator (BCR) was damaged by a short in the
main battery harness. A temporary substitution was made
and the damaged BCR was repaired and replaced after
the Joint Flight Acceptance Composite Test (J-FACT).
The spacecraft was moved to the launch pad and mated
with the Centaur on April 17, 1966.
2. Propellant Tanking and Flight Acceptance
Composite Tests
After the spacecraft was mated with the Centaur, a
series of tests was per_ormeu to v_,,y proper .........
with the blockhouse equipment and the RF air link
between the launch pad and Hangar AO. All control of
the spacecraft except for external power and some mon-
itor functions is at Hangar AO. On April 17 and 18, an
SRT and practice countdown were performed, and on
April 19 a compatibility test between the spacecraft and
the DSS 71 station at Cape Kennedy was successfully
accomplished.
The spacecraft next participated in the launch vehicle
Propellant Tanking Test. During this test the launch pad
stand is moved back and the complete vehicle is exposed
to off- and on-board RF sources as in the launch count-
down. No RF interference problems were noted.
The Joint Flight Acceptance Composite Test (J-FACT)
was performed on 26 April. This test, involving all sys-
tems, included a simulated countdown followed by a
simulated launch through injection with all umbilicals
removed. After completion of the test, the spacecraft was
demated and transported to the ESF. One major problem
occurred when the Atlas programmer was switched from
internal to external power, as planned, during a "hold
Table I1-1. Major operations at Cape Kennedy
Date completed,
Operation Location 1966
AC-10 erection
SC-I (Surveyor I) inspection, reassembly, and initial testing
SC-I preparations for on-pad testing; encapsulation
SC-I mate to Centaur
Propellant Tanking Test
Joint Flight Acceptance Composite Test
SC-I demoted
SC-I decapsulation and alignment checks
SC-I RADVS test and system checkout
Flight Acceptance Composite Test (without SC-I)
SC-I propellant loading, pressurization, and weight and balance checks
SC-I remoted to Centaur
Launch
Launch Complex 36A
Hangar AO
Explosive Safe Facility
Launch Complex 36A
Launch Complex 36A
Launch Complex 36A
Launch Complex 36A
Explosive Safe Facility
Hangar AO
Launch Complex 36A
Explosive Safe Facility
Launch Complex 36A
Launch Complex 36A
March 31
April 5
April 15
April 17
April 20
April 26
April 26
May 3
May 14
May 18
May 24
May 26
May 30
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fre" test which had been incorporated into the last few
seconds of the automatic countdown sequence. This event
caused loss of programmer liftoff reference time and
seramhling of the pitch program switch positions. The
failure required removal and replacement of the Atlas
programmer and minor design modification to the flight
and spare units. The Centaur progrannner was also re-
placed at tiffs tim(,.
After replacem('nt of the Atlas and Centaur program-
mers, a second FACT was conducted on May 18 without
the spacecraft. No anomalies were encountered and the
results of this test w('r(, satisfactory.
3. Final Flight Preparations
Following the J-FACT of April 26, the spacecraft was
decapsulated and depressurized in the ESF, and align-
ment cheeks were completed on May 3, 1966. The space-
craft then was moved to t/angar AO, where final flight
l)rel)arations wew continued. The preparations at Hangar
AO included a ranging test of the RADVS and other
system-level checkouts to estahlish proper operation prior
to launch. The only significant prohlem during this test
phase was the failure of th(' RAI)VS signal data con-
vert('r. This unit was r('l)laet'd with a fligllt spare.
The spacecraft was transported to the propellant load-
ing lmilding at the ESF on May 14, 1966. After two days
of propellant loading, the spacecraft was moved to the
assembly laboratory at the ESF for weight and halance
operations and alignment checks. After installation of the
flight retrorocket, a r('check was made of some alignments
and the spacecraft was mated to the forward adapter.
On ,Xlay 24, 1966, flight pressurization of both the flight
control and vernier prolmlsion systems was coml)leted,
fClowed by final el('ctrieal eh('eks and ('neapsulation
with th(' nose fairing.
Significant l)rohh'ms during these final preparations
included:
1. l/eplacement of the main hattery and monitor cahle
t)ecause of a short circuit in the cahle and possil)l('
ovcrstress of the hatt('rv.
2. l/eplacemt'nt of the roll drive assemhly in the an-
temm solar l)an'el l)ositiom'r (ASPP) due to excessive
friction.
practice countdown to assure readiness for the launch
countdown.
Several field changes were made to the Atlas Centaur
following the May 18 FACT. These changes, which
developed from a review of AC-8 flight test results, in-
cluded:
1. Installation of improved :3.5- and 6-1h hydrogen
peroxide engines.
2. Installation of redesigned Centaur insulation panel
hinges.
:3. Incorporation of additional insulation panel break-
wire instrumentation for monitoring the panel jet-
tison sequence.
In addition, the spacecraft inadvertent separation,
automatic destruct switch circuitry was disahled after
Range Safety Office approval had heen ot)tained. How-
ever, ground command destruct capat)ility was retained.
4. Countdown and Launch
The final spacecraft SIlT test was started at 2200 EST.
.May 29, at a countdown time of T 550 rain. The SRT was
completed well within the time allotted, at 0352 EST
May 30, and test personnel were given a two-hour hreak
prior to joining th(' launch w'hicle countdown at 0700
E ST.
The mission was scheduled for a 381-rain countdown,
starting at 0:320 EST, May :30. The countdown proceeded
without interruption to T-90 min (0650 EST), when a
scheduled 1-hr hold was called. The spacecraft system
elRered the joint countdown during the T--90 hold. The
countdown was resmned at 07,50 EST and proceeded as
planned to T---5 rain, when a second huilt-in hold of 21
rain was started. The countdown was resumed again at
09:36 and proceeded smoothly through liftoff (T 0). Lift-
off occurred (Fig. 11-2) at 0941:00.990 EST (1441:00:990
GMT).
The lmilt-in holds had been scheduled into the count-
down to increase the prol)at)ility of launch-on-time. Any
unscheduled holds could I)e sul)traeted from these planned
hold times; however, there were no unscheduled holds
on the AC-10/SC-1 launch.
a, fter a System l/eadiness Test on May 25, the space-
craft was moved to the humch pad and mated early on
May 26, 1966. No-voltage tests, through the spacecraft
mnhilieal connections were followed by an SIlT and
The general performance of mechanical ground sup-
port equipment was satisfactory throughout the launch
countdown. Minor difficulties were encountered hut these
had no detrimental effect on the space vehicle system.
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Fig. 11-2. Atlas/Centaur AC-10 lifting off with Surveyor I 
All systems performed normally throughout the launch. 
and the spacecraft \vas injectccl into a satisfactory Innnr 
trajc%ctory. The po\wred-fliglit sequence of events and 
launch vehicle performance, are descri1)cd in Section 111. 
The atmospheric conditions on launch da!, were favor- 
able. Surfacc winds were 7 knots from 2-40 degrees: \vith 
unrestricted visibilit!- of 10 miles. Surfacc temperature 
\vas 82°F with relati\.e humidity of 6’7%. Clorid cover 
consistcd of 0.4 cnmiiliis at 2200 f t  : I I ~  n.1 d t ~  ‘t~tl.:: 
at 10,(K)0 ft .  Projected \iincIs aloft \vcrc reported a s  
.57 knots at 49.000 ft, wit11 :I maximum expected shcar 
pc\ramY=ter of 7 knnts per t!lo~Isan:! f(Tt of altitucte. 
D.  Launch Phase Rea\-Time Mission Analysis 
1. Countdown to Launch 
The 1;tunc.h \\-intlo\\.s \vhic.li \Yere cstablishcd for the 
Jla!./Junc~ 1966 1;ttinch period arc. shoivn in Fig. 11-;3. 
During countdo\vn operations. those factors acting to 
coiistrain tht. launcli \\.iiiclo\\. or period wcrc continually 
c\\.aiuated b!. the 1,aunch I’hnsc, Slission .3nal!-st. Thc. 
JIission Dircctor 1va5 adviscd of thew evaluations for 
consitleration in the 1;iunch or hold decision. 
:It T ~- 131 inin. 1<F 1~rop;igation problems inttrfercd 
\vith the retransmission of trackins and telcmetr!. data 
from the I<anil;e !~isti-iiiiie~it,iiioii ship (fiIS’1 .Imo/tf. Thc 
JIission Director \vas advised that an adequate quantit!. 
of trackinq (lata \vas a\~:iilal)l(~ from A3ntiqua for thc 
.-IFETR/RTCS to compute DSS-51 acquisition infonna- 
tion j s c ~  Fig. 11-4 1 .  f l e  \\-as a150 acl\-iscd that in the <,vent 
that :\ntigu;i data \\.;is lost. the triicking data anal!.sts in 
sioii’s post-retro tracking data. In addition, it \\-as agrced 
that the \-oicc readouts of ten se1ectt.d spaccuaft tclcm- 
etr). pariinit.tc.rs \\-oulcl lie pta1,lc. in lieu of real-tirnc. 
transmission of thc spaccxx\ft tc.lrnic.tr!- should RF p r o p  
aTation c a i w  furtlicr difEciilt!.. 
FI’AC \f-o1lld ;lc.Ccl>t DSS-51 I > I ~ C C I ~ C . ~ S  ?>:~~t .d  011 . ~ s c c ~ -  
1 1  
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LAUNCH DAY
MAY 30 MAY 31 ,JUNE I JUNE 2 JUNE 3 JUNE 4 ,JUNE 5
::D 81 rain
--I 105
,08 DURATIONWINDOW x_'_NN_'N_ _ _
l
IIS* _ 5 rain _O rain -Q_ o rain
OPEN: 14:41 IS:SO 18:2S 18:47 19:47
0 0
CLOSE: 15:27 16:51 18:06 19:07 19:52
GMT
PERFORMANCECONSTR I T
CONSTRAINT
4(" RANGESAFETY
AZIMUTH
CONSTRAINT
Fig. 11-3. Surveyor launch window design for May/June 1966 launch window
During the 21-rain built-in hold at T-5 rain, the track-
ing data transmission problems cleared up.
At T 60 sec, 1)oth digital trackers on the RIS Arnohl
experienced faih, res. Based on the earlier ewduations and
recommendations the countdown was permitted to pro-
ceed to launch.
2. Launch to DSN Acquisition
During the launch-to-DSN-aequisition phase of the
flight, all availabh, information was ol)tained on the per-
formanee of the space vehicle and associated flight
operations in order to provide the Mission Director and
Mission Operations Staff with a composite status of the
mission. This continually updated status was utilized to
ascertain any possil)le intluenee on the planned DSIF
acquisitions and mission operations.
The nominal powered flight of tim launch vehicle pre-
cluded any necessity for a significant amount of near-
earth mission analyses. However, since the initial pre-
(Centaur) retro orbit calculation by the RTCS yiekled a
poor orbit, it became necessary to depend solely on the
tracking station acquisition times and launch vehicle
telemetry for confirmation of a nominal flight. Further-
mort', no confidence was placed on the quality of the
initial orbit since Antigua lost track so early that only 11
points of ambiguous tracking data were obtained, and
the RIS Arnold provided no tracking data. The likelihood
of a nominal flight became quite high when DSS-51 ac-
quired the spacecraft within seconds of the nominal time.
\Vhen indications were received that Omniantenna A
had prol)ably not extended, launch vehich, telemetry was
analyzed for the remote chance that the spacecraft
anomaly could have 1)een caused I)y a launch vehicle
event. No such evidence was found.
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IIh LAUNCH VEHICLE SYSTEM
The Surveyor spacecraft was injected into its lunar
transit trajectory by a General Dynamics Atlas/Centaur
vehicle (AC-10). The vehicle was launched on a "direct
ascent" powered flight from Launch Complex 36A of the
AFETR at Cape Kennedy, Florida. This mission marked
the first operational flight of an Atlas/Centaur vehicle. A
total of seven vehicle R&D flight tests had been performed
or attempted over the preceding four years. Operational
capability for "direct ascent" missions was demonstrated
with the successful flight test of AC-6 on August 11, 1965.
One additional Centaur dual-bum development flight is
scheduled to demonstrate capability to launch via "park-
ing orbit" ascent trajectories.
The Atlas Centaur vehicle with the Surveyor space-
craft encapsulated in the nose fairing is 113 ft long and
weighs ,302,750 lb at liftoff (2-in. rise). The basic diameter
of the vehicle is a constant 10 ft from the aft end to the
base of the conical section of the nose fairing. The con-
figuration of the completely assembled vehicle is illus-
trated in Fig. III-1. Both the Atlas first stage and Centaur
second stage utilize thin-wall, pressurized, main pro-
pellant tank sections of monocoque construction to pro-
vide primary structural integrity and support for all
vehicle systems. The first and second stages are joined
by an interstage adapter section of conventional sheet
and stringer design. The clamshell nose fairing is con-
structed of laminated fiberglass over a fiberglass honey-
comb core and attaches to the forward end of the
Centaur cylindrical tank section.
A. Atlas Stage
The first stage of the Atlas/Centaur vehicle is a modi-
fied version of the Atlas D used on many previous NASA
and Air Force missions such as Ranger, Mariner and
OGO. The Atlas propulsion system burns RP-1 kerosene
and liquid oxygen in each of its five engines to provide
a total liftoff thrust of approximately 388,000 lb. The
individual sea-level thrust ratings of the engines are: two
booster engines at 165,000 lb each; one sustainer engine
at 57,000 lb; and two vernier engines at 670 lb each. The
Atlas can be considered a 1K,-stage vehicle because the
"booster section," weighing 6000 lb and consisting of
the two booster engines together with the booster turbo
pumps and other equipment located in the aft section, is
jettisoned after about 2.5 min of flight. The sustainer and
vernier engines continue to burn until propellant deple-
tion. A mercury manometer propellant utilization system
is used to control mixture ratio for the purpose of mini-
mizing propellant residuals at Atlas burnout.
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Fig. II1-1. Atlas Centaur Surveyor space vehicle
configuration
Flight control of the first stage is accomplished by the
Atlas autopilot, which contains displacement gyros for
attitude reference, rate gyros for response damping, and
a programmer to control flight sequencing until Atlas/
Centaur separation. After booster jettison, the Atlas auto-
pilot also is fed steering commands from the all-inertial
guidance set located in the Centaur stage. Vehicle atti-
tude and steering control are achieved by the coordinated
gimballing of the five thrust chambers in response to
autopilot signals.
The Atlas' contains a single VHF telemetry system
which transmits data on 1i8 first-stage measurements un-
til Atlas separation. The system operates on a frequency
of 229.9 mc over two antennas mounted on opposite sides
of the vehicle at the forward ends of the equipment pods.
Redundant range-safety command receivers and a single
destructor unit are employed on the Atlas to provide the
Range Safety Officer with means of terminating the flight
by initiating engine cutoff and destroying the vehicle.
The system is inactive after normal Atlas staging occurs.
The AZUSA tracking system has been deleted from the
Atlas for Surveyor missions, leaving only the C-band
tracking system on the Centaur stage.
B. Centaur Stage
The Centaur second stage is the first vehicle to utilize
liquid hydrogen/liquid oxygen, high-specific-impulse pro-
pellants. The cryogenic propellants require special in-
sulation to be used for the forward, aft, and intermediate
bulkheads as well as the cylindrical walls of the tanks.
The cylindrical tank section is thermally insulated by
four jettisonahle insulation panels having built-in fairings
to accommodate antennas, conduits, and other tank pro-
trusions. The insulation panel hinges were redesigned
for AC-10 to overcome a deployment control problem
which had been suspected on vehicle development flights
AC-6 and AC-8. Most of the Centaur electronic equip-
ment packages are mounted on the forward tank bulk-
head in a compartment which is air-conditioned prior to
liftoff.
The Centaur is powered by two constant-thrust en-
gines rated at 15,000 Ib thrust each in vacuum. Each
engine can be gimballed to provide control in pitch, yaw,
and roll. Propellant is fed from each of the tanks to the
engines by boost pumps driven with hydrogen peroxide
turbines. In addition, each engine contains integral "boot-
strap" pumps driven by hydrogen propellant, which is
also used for regenerative cooling of the thrust chambers.
A propellant utilization system is used on the Centaur
stage to achieve minimum residual of one propellant at
depletion of the other. The system controls the mixture
ratio valves as a continuous ftmctiou of propellant in the
16
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tanks by means of tank probes and an error ratio detector.
The nominal oxygen/hydrogen mixture ratio is 5:1 by
weight.
and spacecraft interface area as well as a spacecraft
composite signal from the spacecraft central signal pro-
cessor.
The second-stage all-inertial guidance system contains
an on-board computer which provides vehicle steering
commands after jettison of the Atlas booster section. The
Centaur guidance signals are fed to the Atlas autopilot
until Atlas sustainer engine cutoff and to the Centaur
autopilot after Centaur main engine ignition. This mission
was the first Centaur flight to employ an inertial plat-
form containing new gyros having reduced gimbal stop
angles, improved flex leads, better balanced spin motor.
and reduced synchronous torque sensitivity. It was also
the first flight during which the gyros were not torqued
to correct for gyro drift characteristics. Gyro drifts were
compensated for by the guidance system computer, which
was programmed to set the torquing signals to zero
during flight. The Centaur autopilot system provides the
primary control functions required for vehicle stabiliza-
tion durhlg powered flight, execution of guidance system
steering commands, and attitude orientation following
the powered phase of flight. In addition, the autopilot
system employs an electromechanical timer to control the
sequence of programmed events during the Centaur phase
of flight, including a series of commands required to be
sent to the spacecraft prior to spacecraft separation.
The Centaur reaction control system provides thrust to
control the vehicle after powered flight. For small correc-
tions in yaw, pitch, and roll attitude control, the system
utilizes six individually controlled, fixed-axes, constant-
thrust, hydrogen peroxide reaction engines. These engines
are mounted in clusters of three, 180 deg apart on the
periphery of the main propellant tanks at the interstage
adapter separation plane. Each cluster contains one 6-1b-
thrust engine for pitch control and two 8.5-1b-thrust
engines for yaw and roll control. In addition, four 50-1b-
thrust hydrogen peroxide engines are installed on the aft
bulkhead, with thrust axes parallel with the vehicle axis.
These engines are for use during retromaneuver and for
executing larger attitude corrections if necessary. The
cluster engines were slightly modified from the design
used on the previous flight (AC-8) in that the large alumi-
num B-nut on the thrust chambers was replaced with
a steel flange joint to effect a more positive seal.
The Centaur stage utilizes a VHF telemetry system
with a single antenna transmitting through the nose fair-
ing cylindrical section on a frequency of 225.7 mc. The
telemetry system provides data on 140 measurements
from transducers located throughout the second stage
Redundant range safety command receivers are em-
ployed on the Centaur, together with shaped charge
destruct units for the second stage and spacecraft. This
provides the Range Safety Officer with means to terminate
the flight by initiating Centaur main engine cutoff and
destroying the vehicle and spacecraft retrorocket. The
system can be safed by ground command, which is nor-
mally transmitted by the Range Safety Officer when the
vehicle has reached injection energy.
Prior to final encapsulation and mating of Surveyor, a
waiver was obtained to permit the disabling of an inad-
vertent separation system on Mission A, which would
have provided for the automatic destruction of the Centaur
and spacecraft in the event of premature spacecraft
separation.
A C-band tracking system is contained on the Centaur
which includes a lightweight transponder, circulator,
power divider, and two antennas located under the in-
sulation panels. The C-band radar transponder provides
real-time position and velocity data for the Range Safety
Instantaneous Impact Predictor as well as data for use in
guidance and trajectory analysis.
C. Launch Vehicle Spacecraft Interface
The general arrangement of the Surveyor Centaur in-
terface is illustrated in Fig. 111-2. The spacecraft is com-
pletely encapsulated within a nose fairing/adapter system
in the final assembly bay of the Explosive Safe Facility
prior to being moved to the launch pad. This encapsula-
tion provides protection for the spacecraft from the en-
vironment before launch as well as from aerodynamic
loads during ascent.
The spacecraft is first attached to the forward section
of a two-piece, conical adapter system of aluminum sheet
and stringer design by means of three latch mechanisms,
each containing a dual-squib pin puller. The following
equipment is located on the forward adapter: three sep-
aration spring assemblies each containing a linear poten-
tiometer for monitoring separation; a 52-pin electrical
connector with a pyrotechnic separation mechanism; three
pedestals for the spacecraft-mounted separation sensing
and arming devices; a shaped-charge destruct assembly
directed toward the spacecraft retromotor; an aceelerom-
eter for monitoring lateral vibration at the separation
17
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Fig. 111-2. Surveyor Centaur interface configuration
plane; and a diaphragm to provide a thermal seal and to
prevent contamination from passing to the spacecraft
compartment from the Centaur forward equipment com-
partment.
The low-drag nose fairing is an RF-transparent, clam-
shell configuration consisting of four sections fabricated
of laminated fiberglass cloth faces and honeycomb fiber-
glass core material. Two half-cone forward sections are
brought together over the spacecraft mounted on the
forward adapter. An annular thermal bulkhead between
the adapter and base of the conical section completes
encapsulation of the spacecraft.
ment compartment prior to mating of the spacecraft.
Doors in the cylindrical sections provide access to the
adapter field joint. The electrical leads from the forward
adapter are carried through three field connectors and
routed across the aft adapter to the Centaur umbilical
connectors and to the Centaur programmer and telemetry
units.
Special distribution ducts are built into the nose fairing
and forward adapter to provide air conditioning of the
spacecraft cavity after encapsulation and until liftoff.
Seals are provided at the joints to prevent shroud leakage
except out through vent holes ill the cylindrical section.
The encapsulated spacecraft assembly is mated to the
Centaur at a flange field joint requiring 72 bolts between
the forward and aft adapter sections. The remaining two
half-cylindrical sections of the nose fairing are attached
to the forward end of the Centaur tank around the equip-
The entire nose fairing is designed to be ejected by
separation of two clamshell pieces, each consisting of a
conical and cylindrical section. Four pyrotechnic pin-
puller latches are used on each side of the nose fairing
to carry the tension loads between the fairing halves. A
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bolted connection, with a flexible linear-shaped charge
for separation, transmits loads between the nose fairing
and Centaur tank. A nitrogen bottle is mounted in each
half of the nose fairing near the forward end to supply
gas for cold gas jets to force the panels apart. Hinge
fittings are located at the base of each fairing half to
control ejection, which occurs under vehicle acceleration
of approximately 1 g.
D. Vehicle Flight Sequence of Events
All vehicle flight events occurred as programmed at
near nominal times with no anomalies. Predicted and
actual times for the vehicle flight sequence of events are
included in Table A-1 of Appendix A. Following is a
brief description of the vehicle flight sequence of events
with all times referenced to liftoff (2 in. rise) unless other-
wise noted.
1. Atlas Booster Phase of Flight
Hypergolie ignition of all five Atlas engines was in-
itiated 2 see before liftoff, with liftoff occurring at
14:41:00.990 GMT. The launcher mechanism is designed
to begin a controlled release of the vehicle when all en-
gines have reached nearly full thrust. At 2 sec after lift-
off, the vehicle began a 13-see programmed roll from the
fixed launcher azimuth setting of 105 deg to the desired
launch azimuth of 102.285 deg. The programmed pitch-
over of the vehicle began 15 see after liftoff and lasted
until booster engine cutoff (BECO).
The vehicle reached Mach 1 at 58 sec and maximum
aerodynamic loading occurred at 77 sec. During the
booster phase of flight the booster engines were gim-
balled for pitch, yaw, and roll control, and the vernier
engines were active in roll control only while the sus-
tainer engine was centered.
At 142.0 sec, BECO was initiated by a signal from the
Centaur guidance system when vehicle acceleration
equalled 5.68 g (expected value: 5.7 +0.08 g). At ;3.1 sec
after BECO, with the booster and sustainer engines
centered, the booster section was jettisoned hy release of
pneumatically operated latches.
2. Atlas Sustainer Phase of Flight
At BECO+8 sec the Centaur guidance system was
enabled to provide steering commands for the Atlas sus-
tainer phase of flight. During this phase the sustainer
engine was gimballed for pitch and yaw control, while
the verniers were active in roll. The Centaur insulation
panels were jettisoned by firing shaped charges at 175.8
sec at an altitude of approximately 49 nm where the aero-
dynamic heating rate was rapidly decreasing. At 202.8
sec, squibs were fired to unlatch the clamshell nose fair-
ing, which was jettisoned 1.0 sec later by means of nitro-
gen gas thruster jets activated by pyrotechnic valves.
Other programmed events which occurred during the
sustainer phase of flight were: the unlocking of the
Centaur hydrogen-tank vent valve to permit venting as
required to relieve hydrogen boiloff pressure; starting of
the Centaur boost pumps 46 sec prior to Centaur main
engine ignition (MEIG); and locking of the Centaur
oxygen-tank vent valve followed by oxygen-tank pres-
surization.
Sustainer and vernier engine cutoff (SECO and VECO)
occurred at 2,_9.4 sec as a result of oxidizer propellant
depletion with fuel depletion imminent. Shutdown began
with a slow thrust decay due to oxidizer depletion. Final
fast shutdown was initiated by closure of a switch when
fuel manifold pressure dropped to 625 psi as a result of
reduction in speed of the turbopump which also utilizes
the main fuel and oxidizer propellants.
Separation of the Atlas from the Centaur occurred 1.9
sec after SECO by firing of shaped charges at the for-
ward end of the interstage adapter. This was followed by
ignition of eight retrorockets located at the aft end of the
Atlas tank section to back the Atlas, together with
the interstage adapter, away from the Centaur.
3. Centaur Phase of Flight Through Spacecraft
Separation
The Centaur main engines were ignited 9.6 see after
Atlas/Centaur separation and burned for 438.4 sec, or
until 689.2 sec. Main engine cutoff (MECO) was com-
manded by the guidance system when the desired injec-
tion conditions were reached. At main engine cutoff, the
hydrogen peroxide engines were enabled for attitude
stabilization.
During the 67.7-sec period between MECO and space-
craft separation, the following signals were transmitted
to the spacecraft from the Centaur programmer: extend
spacecraft landing gear; unlock spacecraft omniantennas;
turn on spacecraft transmitter high power. An arming
signal also was provided by the Centaur during this
period to enable the spacecraft to act on the presepara-
tion commands.
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The Centaur commanded separation of the spacecraft
electrical disconnect 5.5 sec before spacecraft separation,
which was initiated at 756.9 sec. The Centaur attitude-
control engines were disabled for 5 sec during spacecraft
separation in order to minimize vehicle turning moments.
4. Centaur Retromaneuver
At 5 see after spacecraft separation, the Centaur began
a turnaround maneuver using the attitude-control engines
to point the aft end of the stage in the direction of the
flight path. Approximately midway in the turn and while
continuing the turn, two of the 50-1b-thrust hydrogen
peroxide engines were fired for a period of 20 see to
provide initial lateral separation of the Centaur from the
spacecraft. At 240 see after separation, the propellant
blowdown phase of the Centaur retromaneuver was in-
itiated by opening the hydrogen and oxygen prestart
valves. Oxygen was vented through the engine nozzles
while hydrogen discharged through vent tubes. Propel-
lant blowdown was terminated after 250 see by closing
the prestart valves. At the same time (1246.9 see) the
Centaur power change-over switch was energized to turn
off all power except teh'metry and C-hand beacon.
E. Performance
The close correlation of the actual and predicted flight
path and events (see Appendix A) for the powered flight
phase through injection was a result of the near nominal
performance of the Atlas Centaur vehicle system.
I. Guidance and Flight Control
Performance of the guidance system was satisfactory,
as evidenced hy the projected miss distance of the in-
jected spacecraft of only about 250 nm from the prelauneh
aiming point. This error was equivalent to about i-sigma
guidance system dispersions (root-sum-squared). How-
ever, the major factor contributing to target miss appears
to be higher actual Centaur main-engines shutdown im-
pulse than that utilized for "targeting" the guidance
equations. Taking the shutdown impulse error into con-
sideration, the remaining error due to guidance system
hardware and software is extremely small.
The gnidance system discrete cominands (BECO,
SECO backup, and MECO) were issued well within sys-
tem tolerance. When guidance steering was admitted to
the Atlas autopilot at BECO+8 see, the vehicle was
about 18 deg nose down and 1 deg nose right from the
desired steering vector. This steering error was nulled in
approximately 11 see. All guidance steering commands
required during flight were easily handled by the system.
Autopilot performance was satisfactory throughout the
flight. A BECO transient which excited the first bending
mode in the pitch plane and resulted in large engine gim-
hal angles was damped out prior to booster jettison. No
unusual disturbances were noted during the remainder
of the flight. Pitch, yaw, and roll rate gyro outputs at the
time of Sm_eyor separation indicated a smooth separa-
tion.
The Centaur reaction control system apparently per-
formed properly. Hydrogen peroxide engine firing
commands were not telemetered and firing times could
only be approximated from limited engine temperature
and vehicle rate gyro data; however, it was indicated
that vehicle control was maintained throughout the entire
post-MECO and retromaneuver period when the system
was active. At power shutdown, vehicle rates were less
than 0.05 deg/see.
After Atlas separation, the Centaur is only roll-rate
stabilized. Telemetry data indicates that the vehicle did
not roll appreciably during the powered phase (less than
15 dcg clockwise). However, as expected, the Centaur
turnarotmd maneuver resulted in an approximately 90-
deg inertial roll.
2. Propulsion and Propellant Utilization
Both Atlas and Centare" propulsion systems operated
normally throughout the flight, although the Centaur
main engines burned approximately 5 see longer than
predicted. The longer burn time was well within the
allowable system dispersion and was apparently due to
lower actual main engine thrust level than that used in
preflight simulation.
All vehicle propellant systems performed satisfactorily.
The Atlas propellant utilization (PU) system controlled
propellants to effect nearly simultaneous depletion at
SECO with liquid oxygen depletion shutdown. This re-
suhed in minimum Atlas "t)urnablc" residuals. However,
unhurnable liquid oxygen residuals remaining in the
Atlas were greater than predicted in preflight trajectory
simulation. In other words, sustainer engine shutdown
contrihuted less impulse than is assumed in the current
sustainer engine shutdown model.
The Centaur PU system also performed well, con-
trolling the calculated unbalance of propellants at MECO
to only 5 lb of liquid hydrogen. The "burnable" residuals
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were calculated to be 145 ±47 lb and would have per-
mitted an additional burn time of 1.6 _0.7 sec at normal
engine flow rates until liquid oxygen depletion. The pre-
dicted value for burnable residuals was 195 lb for a
completely nominal flight. The lower actual residuals
may be attributed to lower than nominal engine per-
formance and/or tanking levels.
3. Pneumatics, Hydra,dies, and Electrical Power
Pressure stability and regulation were maintained
within desired limits in both the Atlas and Centaur hy-
draulic and pneumatic circuits.
Performance of vehicle electrical power systems in-
cluding range safety power supplies was normal
throughout the flight.
4. Tracking, Telemetry, and Range Safety
Tracking (C-band) was obtained through Centaur main
engine cutoff. However, several dropouts occurred be-
yond this point (see Section V).
A range safety command to disable the destruct systems
was sent from Antigua 10.9 sec after MECO and was
properly received and executed. The Surveyor inadvertent
separation destruct system requirement had been waived
by Range Safety for this mission and was inactive.
The Atlas and Centaur instrumentation and telemetry
systems functioned satisfactorily, although some data is
questionable. A temperature transducer on one of the
hydrogen peroxide attitude control engine nozzles indi-
cated unexpected trends which are not fully explained.
5. Vehicle Loads and Environment
Vehicle bending moments were less than predicted
and within vehicle capability. The longitudinal load fac-
tor buildup was as expected, and a maximum value of
5.68 g was reached at BECO.
The vibration profile of the space vehicle was similar
to those of preceding development flights. Throughout
the Centaur program, longitudinal and lateral loads of
significant magnitudes have been imparted to the vehicle
during the initial launch sequence because of the launcher
holdown and release pin locking and retracting mech-
anism. Vibrations measured in the vicinity of the space-
craft separation plane at liftoff and BECO appeared to
be slightly greater than for Centaur flight AC-6, while
those encountered at other events were comparable. The
low-frequency launcher release transient decayed by 15
sec after liftoff. Maximum aerodynamic loads occurred
at liftoff +77 sec, with vibration levels lower than at
launch. An unusually high first-bending-mode oscillation
appeared in the pitch plane at BECO. The most signifi-
cant high-frequency vibration occurred at shaped charge
firings (insulation panel jettison and Atlas/Centaur sep-
aration) and were comparable to previous flights.
The Surveyor compartment pressure dropped from at-
mospheric to essentially zero within the first 115 sec of
flight. As expected, there was no indication of pressure
buildup in the spacecraft cavity at nose-fairing thruster
bottle actuation.
6. Separation and Retromaneuver Systems
All vehicle separation systems, including shaped charge
firing, functioned normally. Booster section jettison oc-
curred as planned under sustainer engine pitch and yaw
attitude control.
All four insulation panels are concluded to have sep-
arated and jettisoned normally, although 8 of 9.24special
break wires, installed for monitoring deployment, indi-
cated abnormal separation motion. These abnormalities
are attributed to damaged instrumentation due to debris
ejected from shaped charge firing. The uniform com-
patibility of the 21 breakwires indicating normal panel
jettison contradicts and invalidates the data from the
remaining breakwire instrumentation.
Nose fairing separation occurred with a greater tran-
sient in vehicle roll than experienced on previous flights,
but this was well within the Atlas control capability and
produced no detrimental effects.
Atlas Centaur separation occurred as planned, with all
eight Atlas retrorockets firing. Atlas motion in the critical
pitch plane was the smallest yet observed during staging.
At spacecraft separation, all three pyrotechnic release
latches actuated within 2 millisec of each other. The
spring assemblies extended normally, producing a space-
craft separation rate of about 1 ft/sec. Residual Centaur
rotation at separation was 0.16 deg/sec. Spring stroke vs
time was nearly identical for the three springs, resulting
in a net total spacecraft rotational rate of 0.84 deg/sec,
calculated using linear potentiometer data. Spacecraft
gyro data confirmed this low angular rate, which com-
pares very" favorably with the specified maximum rate of
:3.0 deg/sec.
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The Centaur retromaneuver was executed as planned.
Five hours after spacecraft separation the distance be-
tween the Centaur and spacecraft had increased to 1054
km, which compares favorably with an expected nominal
separation of 960 km and a required separation of 386 km
at that time. Closest approach of the Centaur to the moon
occurred at 12::37:06 GMT on June 2, 1966, with a miss
distance of 16,945 km (see Fig. VII-5).
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IV. SURVEYOR SPACECRAFT
A. Spacecraft System
In the Surveyor design, the primary objective was to
maximize the probability of successful spacecraft opera-
tion within the basic limitations imposed by launch
vehicle capabilities, the extent of knowledge of transit
and lunar environments, and the current technological
state of the art. In keeping with this primary objective,
design policies were established which (1) minimized
spacecraft complexity by placing responsibility for mis-
sion control and decision making on earth-based equip-
ment wherever possible, (2) provided the capability of
transmitting a large number of different data channels
from the spacecraft, (3) included provisions for accom-
modating a large number of individual commands from
the earth, and (4) made all subsystems as autonomous
as practicable.
The peripheral areas shown in Fig. IV-1 represent all
of the subsystems essential to the operation of the
Surveyor spacecraft. These areas are discussed in subse-
quent sections. The Surveyor I spacecraft is an engineer-
ing test model eqtlipped with all subsystems necessary
for a soft-landing on the moon. It carries a survey tele-
vision system and engineering instrumentation, including
temperature sensors, strain gages, accelerometers, and
position-indicating devices. The spacecraft coordinate
system is an orthogonal, right-hand Cartesian coordinate
system. The physical configuration of the spacecraft is
shown in Fig. IV-2 and in Appendix B. A simplified
functional block diagram of the spacecraft system is
shown in Fig. IV-3.
PROPULSION
FLIGHT
CONTROL
POWER
SPACECRAFT PAYLOAD
SYSTEM
NICATIONS
THERMAL
Fig. IV-1. Spacecraft subsystems
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1. Spacecraft Mass Properties
Spacecraft center-of-gravity and moment-of-inertia
conditions are discussed for three major configurations:
(1) stowed for launch at liftoff weight, (2) deployed for
midcourse and retro maneuvers at separated weight, and
(3) deployed for touchdown at landed weight. The limits
of the center-of-gravity travel in the X-Y plane are de-
fined by the first two conditions, and the limits of center-
of-gravity travel along the Z-axis are defined by the first
_J
a.u last conditions. The center-of-gravity envelope has a
radius of 1 in. and a length of 3.5 in. (16 in. to 19.5 in.
above the centerline of the plane containing the space-
craft leg hinge-points). Center-of-gravity limits after
Surveyor/Centaur separation for midcourse and retro
maneuvers are limited by the attitude correction capa-
bilities of the flight control and vernier engine subsystems
during retrorocket burning. The limits of travel of the
vertical center-of-gravity location in the touchdown con-
figuration are designed to the landing site assumptions,
so that the spacecraft will not topple when landing.
Flight performance during the terminal sequence in-
dicated both sufficient accuracy of the CG determination
process and the ability of the system to readily handle
minor anomalies. The CG offset caused by the stowed
Antenna A was calculated to be about 0.030 in. during
midcourse and 0.115 in. after retro ejection, both well
within the tolerance circle. In addition to verifying the
alignment integrity of the spacecraft design, the stable
terminal sequence performance also verified the assump-
tion that the retrorocket thrust vector does coincide
with the exit cone center line.
Surveyor I weighed 2,192.86 lb at launch. For the
stowed configuration (landing gear and omniantennas up,
antenna/solar panel positioner stowed) the moments of
inertia about the center of gravity are I_ = 182.9 slug-ft 2,
Iuu = 180.8 slug-ft 2, I.... -- 188.3 slug-ftL For the transit
configuration (landing gear and omniantennas down,
A/SPP deployed), Ix, = 214.9 slug-ft 2, Iuu = 200.2 slug-
ft z, I.-.- = 218.4 slug-ft 2.
2. Spacecraft Power Management
The prime source of electrical power for the spacecraft
during transit is the solar panel. A main battery provides
power to the 22-v unregulated bus to augment or replace
the solar panel output. It is charged by power from the
solar panel in excess of the needs of the spacecraft.
Another battery, the auxiliary battery, provides the addi-
tional peak load and power storage capability for the
transit and landing phase. This battery is not recharge-
able. Power is also available as regulated 29-v. The bat-
teries provide about 4090 w (about 34%) of the spacecraft
energy during transit, while the remainder is supplied
by the solar panel.
The total remaining battery energy at touchdown was
74 -+-15 amp-hr. The nominal prediction was 70.5 amp-hr.
The solar panel output power at maximum output power
point was approximately 90 w. The average OCR output
power was 69.5 w, with an average efficiency of 78.5%
for coast phase loads.
3. Spacecraft Thermal Control
Thermal control of the equipment over the extreme
temperature range of the lunar surface (+ 260 to -260°F)
is accomplished by a combination of passive, semipassive,
and active methods. Because of the orientation of the
spacecraft on the lunar surface, the sun traveled across
the spacecraft directly along the Y-Y axis. This condition
kept the TV survey camera and the compartments, espe-
cially Compartment A, well shaded by the solar panel
and planar array antenna during a large part of the lunar
day. Consequently, the spacecraft was operational for
most of the lunar day. Post-touchdown thermal orienta-
tion of the spacecraft is shown graphically in Fig. IV-4.
4. Spacecraft Instrumentation
Engineering instrumentation is included on the basic
bus to monitor the performance of the spacecraft and its
response to the environment. The engineering instrumen-
tation consists of the following:
64 resistance thermal sensors
12 mechanical switches
12 current shunts
7 position potentiometers
4 pressure sensor potentiometers
4 accelerometers (with one accelerometer amplifier)
3 spin-motor running detectors
1 microdiode thermal sensor
5. Spacecraft Tracking
Tracking of the spacecraft is accomplished by doppler
tracking. A transponder, operating in conjunction with a
receiver and a transmitter, provides a phase-coherent
system for doppler tracking of the spacecraft during tran-
sit. There are two complete receiver-transponder-trans-
mitter systems to enhance reliability. (Fig. IV-3.)
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6. SpacecrMt Communication
Communication with the spacecraft is accomplished
by the RF link. Critical operations such as the midcourse
maneuver and the descent phases are timed to coincide
with control by the DSIF station at Goldstone. Two
identical receivers (A and B) on board the spacecraft
receive commands from ground control Both receivers
operate continuously throughout the life of the spacecraft
to provide continuous command capability. The space-
craft processes data produced by the voltage, current,
temperature, and pressure sensors, as well as the tele-
vision camera, accelerometers, and strain gages. This data
is transmitted to ground stations by two identical trans-
mitters (A and B) on board. The transmitter power avail-
able at the antenna varies from the nominal 100 mw
(low power) and 10 w (high power) at the transmitter
output.
The number of telemetry data channels operating
simultaneously during the mission is controlled by ground
commands. The channels required depend on the phase
of the mission. There are seven commutators, as shown
in Table IV-1. The commutators can be operated, upon
Table IV-1. Content of telemetry signals from spacecraft
Data
Commutator,
Mode 1
Commutator,
Mode 2
Commutator,
Mode 3
Commutator,
Mode 4
Cruise phase
commutator,
Mode .5
Thrust phase
commutator,
Mode 6
TV commutator,
Mode 7
Vibration
Shock absorber
data
Gyro speed
Source
Flight control,
propulsion
Flight control,
propulsion,
approach TV, AMR,
RADVS
Inertial guidance,
approach TV, AMR,
RADVS, vernier
engines
Temperatures,
power status,
telecommunications
Flight control,
power status,
temperature
Flight control,
power status, AMR,
RADVS, vernier
engine conditions
TV survey camera
Accelerometers
Strain gages
Inertial guidance
unit
Significance
Provides data required for
midcourse maneuver
Provides data required for
tetra descent
Provides data required for
vernier descent
Provides data required for
miscellaneous transit and
lunar surface operations
Provides data required during
cruise mode to determine
general spacecraft status
Provides data required for
backup of Modes 1, 2, and 3
during thrusting maneuvers
Provides frame identification
while survey TV is operating
Indicates vibrations due to
booster engine, main retro-
rocket, and vernier engine
firings and mechanical shock
during landing
Measures strain on landing
gear due to landing shock
Indicates angular rate of
gyro spin motors
Number of
points
sampled
100
100
5O
100
120
120
16
Form
Digital
Digital
Digital
Digital
Digital
Digital
Digital
Analog
Digital
Analog
Comments
Modes !, 2, 3, and 4
used one at a time
on command per
Standard Sequence
of Events (SSE)
Used on command per
SSE
Used on command per
SSE
Frame ID alternates
with analog video
signals
Samples are pitch, roll,
and yaw axes on
command per SSE
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earth command, at any of the following bit rates:
17 3/16, 137 1/2, 550, 1100, and 4400 bit/see. The choice
of the rate is determined on the basis of the strength of
the received signal at the DSIF station.
7. Spacecraft Attitude Control
Attitude control of the spacecraft is accomplished by
the flight control function. The spacecraft detects atti-
h]cle hv celestial inorflnl nnd rndnr _on_or,_ Tho _on_nr
...... j .......... , .......... , ...............................
outputs are processed to create thrust commands to
orient and stabilize the spacecraft during transit and to
provide trajectory correction and establish vernier de-
scent control for soft-landing the spacecraft on the lunar
surface. Fig. IV-5 shows the spacecraft motion about its
coordinate axes relative to the celestial references. The
cone angle of the earth is the angle between the sun
vector and the earth vector as seen from the spacecraft.
The clock angle of the earth is measured in a plane per-
pendicular to the sun vector from the projection of the
star Canopus vector to the projection of the earth vector
in the plane. The spacecraft coordinate system may be
related to the cone and clock angles coordinate system,
provided sun and Canopus lock-on has been aehieved.
Note that the spacecraft minus Z-axis is directed toward
the sun and the minus X-axis is coincident with the
SUN
OF CANOPUS
STAR VECTORIN A PLANE
PERPENDICULAR TO
DIRECTION OF SUN
CONE ANGLE
EARTH
SPACECRAFT
COORDINATES_
-x
+ ROLL
Y
+YAW z
CLOCK ANGLE
CANOPUS
_--PROJECTION OF EARTH
VECTOR IN A PLANE
0°5 CONE < 180 ° PERPENDICULAR TO
0 °<- CLOCK < 560 ° DIRECTION OF SUN
Fig. IV-5. Spacecraft coordinates relative to
celestial references
I-
_1
m
<_
J
uJ
n_
1.0 ¸
0.8
0.6
0.4
0.2
I
0.75
c..--C _ // /
d
0 d F M A M d d A S O N D d F M A M J
1965 1966
Fig. IV-6. Surveyor I spacecraft reliability test history
projection of the Canopus vector in the plane perpen-
dicular to the direction of the sun.
8. Spacecraft Reliability
The prelaunch reliability estimate for Surveyor I was
0.51 for the flight and landing mission. The estimate is
based on systems test data. Owing to the number of unit
changes on the spacecraft, the reliability estimate is con-
sidered generic to Surveyor I rather than descriptive of
the exact Surveyor I spacecraft configuration. Figure IV-6
shows the history of reliability estimates for Surveyor I
during its system test phases.
The detail reliability estimates for flight and landing
are listed in Table IV-2.
Table IV-2. Surveyor I spacecraft reliability
(flight and landing)
Reliability
Subsystem estimates
Telecommunications 0.922
Vehicle mechanisms 0.854
Propu Ision 0.991
Electrical power 0.866
Flight controls 0.954
Spacecraft 0.645
(System interaction
reliability factor) (0.788)
Spacecraft reliability _ (0.645) (0.788) 0.51
9. Spacecraft Initial Launch Conditions
At the time of launch, the spacecraft main battery is
fully charged and the Canopus sensor field of view is
adjusted for the particular launch window. The tempera-
tures of the main retro engine, vernier engine propellant,
shock absorbers, Compartments A and B, flight control
electronics, Canopus sensor, gyros, and the auxiliary bat-
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tery are checked. Once the spacecraft is launched, ex-
ternal control is not available until the initial DSIF
acquisition is accomplished. Because of these require-
ments, the following spacecraft operating conditions are
established during the countdown:
1. Flight control is on and in the rate-stabilized mode
to null out angular rates imparted to the spacecraft
at separation from the Centaur.
2. The attitude jets are inhibited during boost.
3. Accelerometer amplifiers are on to permit acceler-
ometer data to be transmitted through the Centaur
telemetry channels.
4. One transmitter, receiver, and transponder are on to
facilitate initial DSIF acquisition.
5. The transmitter traveling wave tube (TWT) fila-
ment is on to permit high-power operation when
the Centaur preseparation command for high power
is given.
6. The spacecraft signal processor is in the coast phase
mode to provide pulse code modulation (PCM) data
through the Centaur and the spacecraft telemetry
links during the period between boost and DSIF
acquisition.
10. Mission Summary
Following a successful prelaunch Systems Readiness
Test (SRT) and countdown, the Surveyor spacecraft was
launched into a nearly perfect lunar trajectory by an
Atlas Centaur (A/C-10) vehicle at 1441 GMT (0741 PDT)
on May 30, 1966. Sixty-three hours and thirty-six minutes
later, after a nearly ideal transit phase, marred only by a
failure in the Omniantenna A mechanism, Surveyor !
landed softly on the lunar surface within a few kilometers
of the prescribed landing spot and without even a mo-
mentary loss in the transmission of telemetry data from
spacecraft to earth. A typical transit sequence is shown
in Fig. IV-7.
11. Spacecraft Anomalies
The only significant spacecraft anomaly in the whole
transit mission was the failure of the Omniantenna A
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OF 60 mi FROM MOON)
6 VERNIER DESCENT (NOMINALLY LAST :55,000 ft
OF FLIGHT)
Fig. IV-7. Typical transit sequence
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mechanism. This failure gave very little trouble through-
out the mission as all objectives were able to be met using
terminal maneuvers were selected which resulted in a
vehicle roll orientation on the moon which precluded
the possibility of obtaining a TV picture of the earth.
The significant changes in procedure from the prepared
Omniantenna B. Because Omniantenna A failed to deploy,
standard mission sequence were:
1. Failure of Omniantenna A to extend during the pre-
separation phase, thus causing the implementation
of nonstandard sequences to attempt to extend the
omniantenna boom.
2. Performance of all high-power interrogations (ex-
cept the one conducted as part of the terminal
descent sequence) in low power because of the good
telecommunication signal-strength operating margin.
3. Use of manual lock-on (instead of automatic lock-on)
for Canopus acquisition owing to high signal level
produced by all stars, including Canopus.
4. Additional gyro drift checks obtained during Coast
Phase II to obtain the best estimate of the drift of
each gyro for use in the terminal descent computa-
tions.
5. Additional use of auxiliary battery mode (instead
of high current mode) to increase the rate of tem-
perature rise of the auxiliary battery so that the de-
sired auxiliary battery temperature was achieved
during the terminal descent.
6. Three attitude maneuvers performed during termi-
nal descent because of the constraint resulting from
not using Omniantenna A.
7. Post-touchdown turn-on of the approach camera
system to verify that it had survived.
12. Spacecraft Performance
All spacecraft performance requirements were satis-
factorily met. Table IV-3 summarizes the system per-
formance requirements and the actual flight performance
values determined from preliminary data reduction.
Following is a summary of the Surveyor I spacecraft
performance as related to major flight events.
a. Boost phase. During the launch phase of the transit,
telemetering of data is accomplished via the Centaur.
Shock and vibration data are transmitted during this
time.
The Surveyor spacecraft was subjected to a variable
vibration environment during the boost phase which
Table IV-3. Surveyor I overall system
performance summary
Item Required Actual
Injected weight
Mission payload
weight
Spacecraft CG to
roll axis offset
Transit time
Landing accuracy
(excluding DSIF
tracking errors)
Lunar approach
angle
Touchdown conditions
Vertical velocity
Lateral velocity
Vertical shock
(rigid body at CG)
Lateral shock
(rigid body at CG)
Stob|e
Lunar operations
Lunar operations
_ 2250 Ib
__ 62.5 Ib
,_ 1 in.
66 hr nominal
,_ 100 km, 3-a for
50 m/secM/C
velocity correction
0 to 25 deg
15 ft/sec
5 ft/sec
<_ 30 Earth g
12 Earth g
Yes
Sunrise to sunset
150 hr of
post-sunset
2192.86 Ib
64.10 Ib
0.099 in. at
launch
0.148 in. during
coast
63 hr, 36 min
12 ft/sec
2 ft/sec
6.5 g (est.)
1.5 g (est.)
Yes
Yes
Yes
consisted of acoustically induced random vibration and
the transient response to discrete flight events. It was
instrumented with accelerometers in order to monitor
this environment. However, the accelerometers were in
the Z-direction only, and lateral axis vibration was not
monitored.
The spacecraft Z-axis random and sine vibration flight
environments at the spacecraft/adapter interface (Figs.
IV-8 and IV-9) were within the design levels specified
and within the 95% environment as estimated from
Surveyor data using past Ranger and Surveyor dynamic
model vibration data for statistical parameters. The
spacecraft Z-axis shock spectra at the spacecraft/adapter
interface exceeded the design shock spectra level by a
large factor in the 600-cps region (Fig. IV-10).
b. Midcourse maneuver phase. All midcourse opera-
ations were performed normally. With the spacecraft
visible to and controlled by DSS-11 (Goldstone, Calif.),
the maneuver sequence for applying the midcourse thrust
in the proper direction was initiated, with a minus roll
of 86.5 deg and a minus yaw of 57.9 deg. With the vehicle
32
JPL TECHNICAL REPORT NO. 32-1023
-10
-15
-20
u)
Q.
L_
{M
u
-2s
"o
r_
"o -30
-35
-40
I0 I00
_ !UR!EY!R I _i
IO00 IO,O00
FREQUENCY, cps
Fig. IV-8. Z-axis random environment at spacecraft/adapter interface
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Fig. IV-9. Z-axis sine environment at spacecraft/
adapter interface
thrusting direction positioned properly, the midcourse
thrust was applied by igniting the vernier engines and
controlling their thrust to achieve a constant spacecraft
acceleration of 0.1 g for 20.8 sec (a correction of 20.34
m/sec). The spacecraft was then repositioned for transit
orientation. The lunar landing point errors from all
sources were estimated to be 14 km -3_, compared to a
premaneuver estimate of 78 km -3_r. Tables IV-4 and
500
400
_ 300
g
_ IO0
I IO IOO IOOO
FREQUENCY, cps
Fig. IV-IO. Z-axis shock spectra environment at
spacecraft/adapter interface
IV-5 summarize the predicted and actual midcourse
thrust vector angle and magnitude errors contributed by
various elements of the spacecraft system.
c. Terminal descent phase. The automatic sequence of
events (including vernier ignition, retro ignition, RADVS,
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Table IV-4. Major midcourse thrust vector
pointing angle errors
Table IV-5. Major midcourse thrust vector
magnitude errors
Item
Retro engine
Alignment to spacecraft
Flight control sen_or group
Alignment to spacecraft
Null offset
Limit cycle
Gyro drift
Flight control circuit accuracy
Pointing angle errors, deg
3(7
0.18
0.20
0.10
0.18
0.25
0.10
Actual
(best est. to date}
0.01
0.03
0.01
0.09
0.05
0.03
X 0.43 z 0.60 0.11
Total, deg (RSS) (weighted)
Miss on lunar surface, km 68.0 12.2
Item
Velocity Increment
Thrust offset
Accelerometer I
Misalignment
Amplifier error
Reference voltage iScale factor
Timing error
Engine start/stop
transient
Total, ft/sec (RSS)
Miss on lunar
surface, km
Magnitude error, ft/sec
3or Actual
164 (50 m/sac)
0.41
1.85
0.43
0.25
66.7 (20.35 m/sac)
0.02
0.15
0.05
0.05
1.91 0.17
6.5
main retro burnout and separation, enable doppler con-
trol, 1000-ft mark, 10-ft/sec mark, and, finally, the 14-ft
mark) occurred normally.
The vernier and main retro ignitions were relatively
smooth, with only very small transient moment disturb-
ances. External disturbances throughout the main retro
phase were well within the capability of the control sys-
tem, and were about 1 ft-lb in roll (primarily due to pre-
dictable engine bracket bending) and virtually none in
pitch and yaw (indicating excellent prelaunch alignment
of the retromotor and only a very small CG shift during
the retro phase). A maximum roll actuator angle of 1.3
deg occurred during the main retro phase. With this
exception, the actuator angle was less than 1.1 deg
throughout the mission.
Table IV-6 summarizes the predicted main retro burn-
out dispersion errors contributed by various error sources
and the estimated allocation to these sources of flight
errors determined from the known spacecraft velocity
and altitude at the time of main retro burnout.
d. Touchdown phase. Touchdown occurred between
1 and 2 sec following the occurrence of the 14-ft mark.
The altitude of vernier engine cutoff was estimated at
12 ft instead of 14 ft. Confirmation of the soft landing
was provided by the fact that the DSIF receiver retained
its lock-on to the spacecraft transmitter signal and by the
low magnitude of the force telemetered by the shock-
absorber strain gages (< 1600 lb, indicating touchdown
velocities on the order of 12 ft/sec). It was determined
that Surveyor I landed on a slope approximately 1 deg
from the local horizontal.
Table IV-6. Main retro burnout dispersions
Item
Unbraked impact velocity, ft/sec
Ignition slant range, ft
Spacecraft weight, Ib
Weight of retro, Ib
Vernier thrust, Ib
Main retro Isp, _o
Burning time, sac
Total Dispersion
Nominal
value 3_r
Main retro burnout value and dispersion
Velocity
dispersion,
Altitude
dispersion, value
Actual
Error
_/se¢
8746.7
248,350
1244.1
196
38.5
29
1584
2
3.7
20
1.0
1.5
29.0
1.0
13.5
41.7
42.8
83.6
3.4
108
1430
1638
325
1000
807
2259
7200
2200
8710.6
247,900
1244.1
194
39.2
36.1
250
2
2
--0.25
+0.7
Velocity
dispersion,
ft/sec
--36.1
+ 0.2
--13.5
+4
+21
+ 1.6
--23
Altitude
dispersion,
ft
+1800
-- 260
+ 325
-- 80
-- 565
--3300
--2080
34
JPL TECHNICAL REPORT NO. 32-1023 
e.  Lunar phase. Compartment thermal performance 
was great:, enhanced 'u) planar arrayisolar panel 
shadowing for a good part of the lunar day. Compartment 
A reached a minimum on June 4 (top tray 50'F, battery 
64°F) and continued rising until June 12 (top tray 83'F, 
battery 92°F). Similarly, Compartment B reached a min- 
imum on June 2 (top tray Y O O F ,  bottom tray 76"F, booct 
regulator 82°F) and reached a maximum on June 10 (top 
tray 118°F. bottom tray l?3"F, boost regulator 132°F). 
Thrust chamber assembly (TC.1) temperatures did not 
reach the predicted le\Tels subsequent to lunar surface 
touchdown. TCA's were expected to reach peak tempera- 
tures of approximately 350'F on the lunar surface. How- 
ever, the maximum temperature was observed to be 
243" F. Xlaximum temperatures of the helium tank, pro- 
pe!!ant lines, and propellafit tanks ivere below predictions. 
The thermal behavior of the T\' survey camera was 
such that it permitted unlimited intermittent operation 
on the lunar surface. Shadowing of the camera during the 
!mar day maintained camera temperatures below the 
upper operational limits. During the first lunar day, the 
TV survey camera system accepted a total of approxi- 
mgte!.; %,E!? grcuzd csmm2ads 2nd transmitted 2hnl!t 
10,000 TV frames. 
Interrogatior? nf the spcecraft  \vas stopped at ":3O 
GSIT. June 16, 1966. The spacecraft sur\i\-ed lunar night 
and achieved operational capability on the second lunar 
day. 
Fig. IV-1 1 .  Spaceframe 
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B. Structures and Mechanisms
The vehicle and mechanisms subsystem provides sup-
port, alignment, thermal protection, electrical intercon-
nection, mechanical actuation, and touchdown stabiliza-
tion for the spacecraft and its components. The subsystem
includes the basic spaceframe, landing gear mechanism,
crushable blocks, omnidirectional antenna mechanisms,
antenna/solar'panel positioner (A/SPP), pyrotechnic de-
vices, electronic packaging and cabling, thermal compart-
ments, thermal switches, separation sensing and arming
device, and secondary sun sensor.
1. Spaceframe and Substructure
The spaceframe (Fig. IV-11), constructed of thin-wall
aluminum tubing, is the basic structure of the space-
craft. The substructure is used to provide attachment
between some subsystems and the spaceframe. The
landing legs and crushable blocks, the retrorocket engine,
the Centaur interconnect structure, the vernier propul-
sion engines and tanks, and the A/SPP attach directly to
the spaceframe. The substructure is used for the thermal
compartments, TV subsystem, auxiliary battery, RADVS
antennas, flight control sensor group, attitude control
nitrogen tank, and the vernier system helium tank.
Gyro data and linear potentiometer data indicated
that the two separation events, spacecraft from the
Centaur adapter and retromotor from the spacecraft,
occurred as predicted without physical contact of one
body with the other after initiation of separation.
The spacecraft survived the boost, cruise, midcourse
and retro phase of the flight with no obvious anomalies.
The vibration accelerations were significant only during
the boost phase. Comparison of the flight versus the pre-
dicted flight environment can only be made in the
Z-direction from the flight data. In the frequency range
of 5-100 cps, the predicted flight environment comfort-
ably envelops the measured environment over most of
the frequency range (Figs. IV-8, -9).
In general, the perfonnancc of Surueyor I during the
final descent and landing phases was very close to nom-
inal. The three landing strain gages, mounted on the
shock absorber cohtmns of the three landing legs re-
turned excellent analog force vs time traces (Fig. IV-12).*
They indicated that the three landing legs contacted the
*Computer-simulated force-time data is shown in Fig. IV-13.
lunar surface in the following sequence and developed
maximum forces of:
Leg 2, 0.000 ref ........................ 1570--+80 lb
Leg 1, 0.005-+0.001 sec after Leg 2 ....... 1380-+70
Leg 3, 0.019--+0.001 sec after Leg 1 ....... 1400+--70
The maximum forces occurred approximately 120 msec
.... ; J °
after impact, IUllU_,'_£_11...... _:_t by a _,t,,u decrease. At approxx-
mately 0.5 see after impact, all three channels show zero
force, indicating that the spacecraft rebounded off the
lunar surface. A second impact was registered approxi-
mately 1.1 to 1.2 see after the first. Maximum forces
developed in the second impact reached approximately
the 400-1b level. Several TV pictures show block imprints
in the lunar surface, confilTning the occurrence of block
contact as indicated.
Table IV-7 lists the actual and predicted landing per-
formance data.
The actual velocity at vernier cutoff listed above has
been determined by a linear least squares fit in the
RADVS range data. This velocity and the time differences
between vernier cutoff and initial contact have been used
to establish the vertical landing velocity and spacecraft
altitude at vernier cutoff.
The predicted maximum shock absorber force is based
on a hard surface landing. This prediction constitutes an
upper bound since the landing simulation program does
not represent the flexibility of the space frame and super-
structure which, by absorbing some of the energy dis-
sipated at landing, tcnds to decrease the shock absorber
forces.
Table IV-7. Surveyor I performance data
Item
Horizontal landing velocity, ft/sec
Vertical landing velocity, ft/sec
Vertical velocity at vernier cutoff,
ft/sec
Altitude at vernier cutoff, ft
Maximum shock absorber force, Ib
Angle between roll axis and vertical
at landing, deg
Total angular velocity at landing,
deg/sec
Actual
< 2.8
11.7_0.4
4.5_0.1
11.0_0.6
1570_80
< 2.8
1.0
Predicted
<( 5.0
1 2.6+2.5
5_1.5
13_4.5
1765
< 7.0
_3.2
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2. Landing Gear and Crushable Blocks
The three landing-leg mechanisms are each made up
of a landing leg, an intermediate A-frame, a shock ab-
sorber, a footpad, a locking strut, and a position poten-
tiometer (Fig. IV-14).
The shock absorber, intermediate A-frame, and tele-
scoping lock strut are interconnected to the spaceframe
for folded stowage in the nose shroud. Torsion springs at
the leg hinge extend the legs when the squib-actuated
pin pullers are operated by Centaur or earth command.
The hydraulic shock absorber compresses with landing
load. The shock absorbers, foot pads, and crushable
blocks are designed to absorb the landing shock. After
landing, the shock absorbers are locked in place by squib-
actuated pin locks.
Computer-simulated landings on a hard surface pro-
duce shock-absorber force-time histories (Fig. IV-18)
very similar to that returned by Surveyor I. Shape and
duration of the force pulse for first and second impact
as well as the elapsed time between first impact, rebound,
and second impact agree very closely, while the peak
forces are approximately 20% higher in the hard-surface
simulations. These forces depend to some degree on the
behavior of the soil, but mainly on the landing gear
design by which, under the conditions of the Surt_eyor
landing, they were limited to approximately 500 lb per
footpad, as indicated by landing simulations. Projected
onto the frontal area of the footpads, this corresponds to
a dynamic pressure of 8 to 10 psi.
3. Omnidirectional Antennas
The omnidirectional antennas are mounted on the ends
of folding booms hinged to the spaceframe. Pins retain
the booms in the stowed position. Squib-actuated pin
pullers release the booms by Centaur or earth command,
and torsion springs deploy the antennas. The booms are
then locked in position.
The failure of Omniantenna A to deploy during transit
represents the only anomaly detected for this mechanism.
Several attempts to deploy Omniantenna A during transit
failed. Shortly after touchdown, Omniantenna A indi-
cated that it was extended. Omniantenna A fully deployed
either at retro ignition or at touchdown, indicating
thereby that the pin puller had fired previously. The
probable explanation for this anomaly is that the boom
of Omniantenna A was misaligned with the stowing
bracket. Since the deployment spring produces only a
0.25-1t) force, only a small misalignment is necessary to
retail) the boom.
Because Omniantenna A failed to deploy, the opera-
tional procedures during midcourse and terminal ma-
neuvers were revised so as to obtain all required data
LOCK STRUT
GAGE
)CK ABSORBER
LANDING LEG
-/'ALUMINUM HONEYCOMB BLOCK
/-- PHOTOMETRIC
TARGET
ATTITUDE CONTROL dE-I
FOOT PAD
Fig. IV-14. Landing leg assembly
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transmission from Omniantenna B. Maneuvers were se-
lected to ensure good Omniantenna B coverage.
4. Antenna/Solar Panel Positioner (A/SPP)
The A/SPP supports and positions the high-gain planar
array antenna and solar panel. The planar array antenna
and solar panel have four axes of rotation: roll, polar,
solar, and elevation (Fig. IV-15). Stepping motors rotate
the axes in either direction in response to commands from
earth or dttring automatic deployment following Centaur/
spacecraft separation. This freedom of movement permits
orienting the planar array antenna toward the earth and
the solar panel toward the sun.
The solar axis is locked in a vertical position for stow-
age in the nose shroud. After launch, the solar panel is
positioned parallel to the spacecraft X axis. The A/SPP
remains locked in this position until after touchdown, at
which time the roll, solar, and elevation axes are re-
leased. Potentiometers on each axis are read to indicate
A/SPP orientation. Each command from earth gives %
degree of rotation in the roll, solar, and elevation axes
and 1/tGdegree in the polar axis.
PLANAR
ANTENNA
PANEL
ROLL
AXIS
Fig. IV-15. Antenna/solar panel configuration
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The A/SPP operated normally through the transit and
post-touchdown operations. Evaluation of the data indi-
cates continuous pulses of the stepping motors with few
missed steps.
In addition to performing the regular functions that it
was designed to perform, the A/SPP was used to perform
two special tests. In the first test, the A/SPP rotated the
solar panel to a position such that Compartment B was
sl_-_1- -J _1__ :. _ 1 mr,l_ -. 1
IlaUUWUU UUlIIIg lUlittl" il'lO0ii. 11112 _UL'OIILI t¢_;[ involved
field-mapping of the planar array antenna to determine
how closely it agreed with the standard antenna pattern
obtained by averaging patterns from two other antennas.
At sundown, the solar panel was repositioned such
that the light from the sun would strike it at a grazing
angle just before noon. This was done to prevent a
sizable solar panel output after hmar sunrise until the
battery and electronics warmed up sufficiently to permit
the battery to accept current from the solar panel with-
out damage. The planar array was positioned to create
the largest shadow during the morning of the beginning
of the next hmar day. This will help another NASA project,
Lunar Orbiter, in its attempt to photograph Surveyor as
it passes over.
5. Thermal Compartments
Two thermal compartments (A and B) house thermally
sensitive electronic items. Equipment in the compart-
ments is mounted on thermal trays that distribute heat
throughout the compartments. An insulating blanket,
consisting of 75 sheets of 0.25-rail-thick aluminized mylar,
is installed between the inner shell and the outer protec-
tive cover of the compartments. Compartment design
employs thermal switches which are capable of varying
the thermal conductance between the inner compartment
and the external radiating surface. The thermal switches
maintain thermal tray temperature below + 125°F. Each
compartment contains a thermal control and heater
assembly to maintain the temperature of the thermal tray
above a specified temperature (above 40°F for Compart-
ment A and above 0°F for Compartment B). The thermal
control and heater assemhly is capable of automatic
operation, or may be turned on or off by earth command.
Components located within the compartments are identi-
fied in Table IV-8.
6. Thermal Switch
The thermal switch is a thermal-mechanical device
which varies the conductive path between an external
radiation surface and the top of the compartment (Fig.
Table IV-8. Thermal compartment component
installation
Compartment A Compartment B
Receivers (2)
Transmitters (2)
Main battery
Battery charge regulator
Engineering mechanisms
auxiliary
Television auxiliary
Thermal control and heater
assembly
Auxiliary battery control
Central command decoder
Boost regulator
Central signal processor
Signal processing auxiliary
Engineering signal processor
Low data rate auxiliary
Thermal control and heater assembly
Auxiliary engineering signal processor
IV-16). The switch is made up of two contact surfaces
which are ground to within one wavelength of being op-
tically fiat. One surface is then coated with a conforming
substance to form an intimate contact with the mating
surface. The contact actuation is accomplished by four
bimetallic elements located at the base of the switch.
These elements are connected mechanically to the top of
the compartment so that the compartment temperature
controls the switch actuation. The switches are identical,
but are adjusted to open at three different temperatures:
65, 50 and 40OF.
The external radiator surface is such that it absorbs
only 12% of the solar energy incident on it and radiates
74% of the heat energy conducted to its surface. When
the switch is closed and the compartment is hot, the
switch loses its heat energy to space. When the compart-
ment gets cold, the switch contacts open about 0.020 in.,
thereby opening the heat-conductive path to the radiator
and thus reducing the heat loss through the switch to
almost zero.
The thermal switches kept the electronics at or below
the maximum temperature at all times during the hmar
day, and therefore all switches were closed and had the
proper conduction. However, a problem developed with
the switches during the hmar night cycle. The switches
were designed to open when the electronics module tem-
peratures started to go below 65°F in Compartment A
and below 50°F in Compartment B. Two switches in
Compartment A did not open until the compartment
reached 0°F. Two, or possibly three, of the Compartment
B switches remained closed until after the last engineer-
ing interrogation, so it is not known at precisely what
temperatures they opened, or whether they did open.
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INNER CONTACT RING 
B I - METAL CLAMP 
BI-METAL ACTUATOR 
d 
INNER CONTACT PLUG 
CONDUCTOR FOIL 
R A D I A T I N G  PI A T F  c 
OU‘ 
R 
Fig. IV-16. Thermal switch 
7 .  Secondary Sun Sensor included demonstration of reliability at  a firing current 
level of 4 or 4.5 amp. “So  Fire” tests were conducted at 
a 1-;imp or 1-w level for 5 min. Electrical po\ver re- 
quired to initiate pyrotechnic d t . ~  ices is furnished by t!ie 
spacecraft main lxitter!-. Power distribution is through 
19.0- and 9.5-amp constant-current generators in the engi- 
iiveriii g mechanism i : ~ : i !  iiir!: (E 1 I .I ’i . 
The secondary siin sensor is an assembly of five 
cadn-iium-sulphide photoconductive cel!s mounted nn the 
solar panel. On the lunar surface, the secondary sun 
assists in ~ e t e r m ~ n i n g  spacecraft orientatioll Tvit17 
respect to the sun and aids in Positioning the solar panel, 
Operation of the secondary sun sensor \vas nominal. 
8. Pyrotechnic Devices .-Ill p!.rotechnic der-ices functioned normally upon 
a11d p!ungcr. actuated 13). squibs. IV:IS indicated 011 tekm- 
etr!. signals a s  part of the spacecraft cngiiieering measure- 
mcnt data. 
The pyrotechnic devices illstalled 011 S l r l  !,or 1 arc. command. 1Irchanical operation of locks. v a h w ,  switc!ies. 
indicated in Ta\,lc Iv-9, -411 the squibs used in these de- 
vices a rc  electricnll!. init iated.  hot-bridge\vire. ?as- 
sencrating devices. Qualification tests for flight squibs 
4 1  
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Table IV-9. Surveyor I pyrotechnic devices
Type Location and use Quantity of Quantity of Command source
devices squibs
Pin pullers
Pin pullers
Pin pullers
Pin puller
Separation nuts
Valve
Pyro switches
Initiator squibs
Locking plungers
Lock and release omnidirectional antennas A and B
Lock and release landing legs
Lock and release planar antenna and so_ar panel
Lock and release vernier thrust chamber No. 1
Retro rocket attach and release
Helium gas release and dump
EMA board No. 4, RADVS power on and off
Safe and arm assembly retrorocket initiators
Landing leg, shock absorber locks
1
3
1
4
1
3
25
1
6
2
4
2
3
30
Centaur programmer
Centaur programmer
Separation sensing and arming device and
ground station
Ground station
Flight control subsystem
Ground station
Ground station and flight control subsystem
Flight control subsystem
Ground station
9. Electronic Packaging and Cabling
The electronic assemblies for Surveyor I provided
mechanical support for electronic components in order
to insure proper operation throughout the various envi-
ronmental conditions to which they were exposed during
the mission. The assemblies (or control items) were con-
structed utilizing sheet metal structure, sandwich-type
etched circuit board chassis with two-sided circuitry,
plated through holes, and/or bifurcated terminals. Each
control item, in general, consists of only a single func-
tional subsystem and is located either in or out of the
two thermally controlled compartments, depending on
the temperature sensitivity of the particular subsystem.
Electrical interconnection is accomplished primarily
through the main spacecraft harness. The cabling system
is constructed utilizing a light-weight, minimum-bulk,
and abrasion-resistant wire which is an extruded teflon
having a dip coating of modified polyimide.
C. Thermal
The thermal control subsystem is designed to provide
acceptable thermal environments for all components dur-
ing all phases of spacecraft operation. Spacecraft items
with close temperature tolerances were grouped together
in thermally controlled compartments. Those items with
wide temperature tolerances were thermally decoupled
from the compartments. The thermal design fits the
"basic bus" concept in that the design was conceived to
require minimum thermal design changes for future mis-
sions. Monitoring of the performance of the spacecraft
thermal design is done by 74 temperature sensors which
are distributed throughout the spacecraft as follows:
Flight control 6
Mechanisms 3
Radar 6
Electrical power 8
Transmitters 2
Approach TV 1
Survey TV 2
Vehicle structure 25
Propulsion 15
Engineering payload 11
The spacecraft thermal control subsystem is designed
to function in the space environment, both in transit and
on the lunar surface. Extremes in the environment as well
as mission requirements on various pieces of the space-
craft have led to a variety of methods of thermal control.
The spacecraft thermal control design is based upon the
absorption, generation, conduction, and radiation of heat.
Figure IV-17 shows those areas of the spacecraft serviced
by different thermal designs.
The radiative properties of the external surfaces of
major items are controlled by using paints, by polishing,
and by using various other surface treatments. Reflecting
mirrors are used to direct sunlight to certain components.
In cases where the required radiative isolation cannot
be achieved by surface finishes or treatments, the major
item is covered with an insulating blanket composed of
multiple-sheet aluminized mylar. This type of thermal
control is called "passive" control.
The major items whose survival or operating tempera-
ture requirements cannot be achieved by surface finish-
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ing or insulation alone use heaters that are located within
the unit. These heaters can be operated by external com-
mand, thermostatic actuation, or both. The thermal con-
trol design of those units using auxiliary heaters also
includes the use of surface finishing and insulating
blankets to optimize heater effectiveness and to minimize
the electrical energy required. Heaters are considered
"active control."
• _c,,._ o_ electronic equipment WhOSe temperature re-
quirements cannot be met by the above techniques are
located in thermally controlled compartments (A and B).
Each compartment is enclosed by a shell covering the
bottom and four sides and contains a structural tray on
which the electronic equipment is mounted. The top of
each compartment is equipped with a number of
temperature-actuated switches (9 in Compartment A and
6 in Compartment B). These switches, whieh are attached
to the top of the tray, vary the thermal conductance
between the tray and the outer radiator surfaces, thereby
varying the heat-dissipation capability of the compart-
ments. When the tray temperature increases, heat transfer
across the switch increases. During the lunar night, the
switch opens, decreasing the conductance between
the tray and the radiators to a very low value in order
to eonserve heat. When dissipation of heat from the elec-
tronic equipment is not suffleient to maintain the required
minimum tray temperature, a heater on the tray supplies
the necessary heat. The switches are considered "semi-
active."
Examples of units which are controlled by active, semi-
active, or passive means are shown in Fig. IV-17.
The thermal performance of the spacecraft during
transit was better than expected. In general, the units
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°
where high temperature was of concern operated at tem-
peratures at or below the expected, while those units
where low temperature was of concern operated at tem-
peratures at or above that expected. (Appendix C presents
graphs of spacecraft-component temperatures during
transit.)
During transit, just prior to terminal descent, the aux-
iliary battery was some 25°F lower than its predicted
temperature. A slight uncertainty in the absorption of the
white paint used for passive thermal control is considered
the reason for the !ower-than-expected temperature. By
judicious use of energy from the auxiliary battery, its
temperature was brought to the optimum point just prior
to terminal descent.
Temperature-time histories for 250 hr after touchdown
for the electronics and thermal trays are shown in Figs.
IV-18 and IV-19. Compartment thermal performance was
greatly enhanced by planar array/solar panel shadowing
for a good part of the lunar day, as shown in Fig. IV-4.
Temperatures on the transmitters, battery charge regu-
lator (BCR), and main battery were well within design
temperature limits. TV thermal performance was nominal.
Temperatures on the fuel and oxidizer tanks were well
below the danger point. The temperature of the engines
was high enough to cause seal degradation, although no
damage to the spacecraft occurred. Lunar temperature
histories for Vernier Engine No. 1, Fuel Tank No. 1, Solar
Panel, Transmitter A, and TV survey camera electronics
are shown graphically in Appendix C.
After lunar sunset, the primary engineering experiment
conducted on the spacecraft was aimed at determining the
equilibrium heat loss from the compartments during the
lunar night. This information was required in order to
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assess the capability of the spacecraft to survive the lunar
night in an operational condition. Prelaunch analysis of
data generated with the thermal control model (TCM)
indicated a power loss larger than could be replaced with
a fully charged battery.
At the time the spacecraft entered the lunar night, the
power dissipation in the compartments was reduced to
an absolute minimum in order to cool them as rapidly
as possible. The intent was to cool them to a temperature
at which the thermal switches would be opened, and
then to hold at a steady temperature by periodic appli-
cation of power for a time long enough to obtain a good
value for steady-state power loss. This effort was ham-
pered by the fact that several of the thermal switches
did not open. Considerable effort was aimed at trying
to open the stuck switches. At 2300 GMT on June 15, the
last switch on Compartment A opened, while at least
two remained closed on Compartment B.
The remaining time to shutdown was used to obtain
data on the heat loss from Compartment A. No accurate
assessment has been made because of uncertainties in
the actual electrical power dissipated in the compartment.
Preliminary analysis indicated that the power loss was
somewhat lower than predicted, which should increase
the probability of lunar-night survival.
D. Electrical Power
The electrical power subsystem is designed to generate,
store, convert, and distribute electrical energy. A block
diagram of the subsystem is shown in Fig. IV-20. The
subsystem deriw_s its energy from the solar panel and
the spacecraft battery system. The solar panel converts
solar radiation energy into electrical energy. Solar panel
power capability is affected by temperature and the inci-
dence of solar radiation and varies from 90 to 55 w.
The spacecraft battery system consists of a main battery
and an auxiliary battery. The main battery is a secondary
or rechargeablc battery_ the auxiliary battery is a primary
or nonrechargeable battery.
The batteries provide about 4090 w during transit, the
balance of the energy being supplied by the solar panel.
The maximum storage capacity of the main battery is
180 amp-hr; that of the auxiliary battery is 50 amp-hr.
The selection of battery operation mode is determined
by the auxiliary battery control (ABC). There are three
modes of battery operation: main battery mode, auxiliary
battery mode, and high-current mode. In the main bat-
tery mode only the main battery is connected to the
unregulated bus. This is the nominal configuration. In
the auxiliary battery mode the main battery is connected
to the unregulated bus through a series diode while the
auxiliary battery is directly connected. In the high-current
mode both the main and auxiliary batteries are connected
to the unregulated bus without the series diode. The
battery modes are changed by earth commands except
that the ABC automatically switches to auxiliary battery
mode from main battery mode in case of main battery
failure. This automatic function can be disabled by earth
command.
The four modes of solar panel operation are controlled
by the battery charge regulator (BCR). In the on mode
the optimum charge regulator (OCR) tracks the volt-
ampere characteristic curve of the solar panel and hunts
about the maximum power point. In the OCR off mode
the solar panel output is switched off. This mode is
intended to prevent overcharging of the main battery by
the solar panel. In the OCR bypass mode the solar panel
is connected directly to the unregulated bus. This mode
is used in case of OCR failure. In the trickle charge
mode the main battery charging current is controlled by
its terminal voltage. Three BCR modes, excluding the
trickle charge mode, are controlled by earth commands.
The OCR off and trickle charge modes are automatically
controlled by the battery charge logic circuitry (BCL).
When the main battery terminal voltage exceeds 27.5 v
or its manifold pressure exceeds 60 psia, the BCR goes
automatically to the o/_ mode. The trickle charge mode
is automatically enabled when the main battery terminal
voltage reaches 27.3 v. The BCL can be disabled by earth
command.
Current from the BCR and spacecraft batteries is dis-
tributed to the unregulated loads and the boost regulator
(BR) via the unregulated bus. The voltage on the unregu-
lated bus can vary between 17.5 and 27.5 v, with a
nominal value of 22 v. The BR converts the unregulated
bus voltage to 29.0 v -+-1% and supplies the regulated
loads. The preregulator supplies a regulated 80.4 v dc to
the preregulated bus. The essential loads are fed by the
preregulated bus through two series diodes. The diodes
drop the preregulated bus voltage of 30.4 v to the essen-
tial bus voltage of 29.0 v. The preregulated bus also feeds
the flight control regulator and the nonessential regu-
lator, which in turn feeds the flight control and nonessen-
tial busses. These regulators can be turned on and off by
earth commands. The nonessential regulator has a bypass
mode of operation which connects the preregulated bus
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TableIV-10.Comparisonof predictedvsactualvalues
High power
after separation and
sun acquisitlon
First coast phase
Second coast phase II I
Phase Battery discharge current, Regulated current, OCR output current, Unregulated current,
amps amps amps amps
Predicted Actual
0.85 0.70
Predlcted Actual
5.7 5.20
1.63 1.74
1.6 i i .85I
Predicted Actual
4.60 4.40
2.34 2.39
2.31 2.38
Predicted Actual
3.06 3.08
3.14 3.15
3,14 3.15
0.86
0.86
0.81
0.80
directly to the nonessential bus. This mode is used if the
nonessential regulator fails.
The power subsystem operated normally throughout
the mission. Table IV-10 verifies that telemetered param-
eters were in close agreement with the predicted values.
During Coast Phase I the average regulated load was
2.39 amp (Fig. IV-21), with an average BR efficiency of
79%, and the average unregulated current was 0.81 amp
(Fig. IV-22). Comparable time period predictions indi-
cate that the regulated load should be 2.34 amp and
the unregulated current 0,80 to 0.83 amp. During low-
power transmitter interrogation, the regulated output
current was approximately 50-100 ma higher than pre-
dicted. During high-power transmitter interrogation,
this current read 200 to 300 ma low.
For the above mission period, the average (OCR)
output current was 3.15 amp (Fig. IV-23), which agrees
closely with test data. The average solar panel output
current was 1.8 amp (Fig. IV-24) at an average voltage
of 48.5 (Fig. IV-25). The overall OCR efficiency was
about 79%. The OCH solar panel combination supplied
an average of 66% of the total system electrical loads,
with the battery providing the remaining 34% of the load.
Battery pressure stabilized during this period to 18
psi (Fig. IV-26) at a steady-state battery temperature of
96°F, both measurements falling well within the normal
safe operating limits. Main battery terminal voltage and
discharge current are shown in Figs. IV-27 and IV-28.
The auxiliary battery voltage history is shown in Fig.
IV-29. Figures IV-30, IV-31, and IV-32 show the BR pre-
regulator, 29-v nonessential, and unregulated bus voltages
vs mission time. The actual and predicted battery energy
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profiles are shown in Fig. IV-33. The prelauneh pre-
dictions were revised from 70.4 to 72.7 amp-hr during
the mission for the battery energy (main and auxiliary)
remaining at touchdown. This increase was due to the
elimination of several high-power interrogations. The
flight analysis of the energy available at touchdown (TD)
was 74 ± 15 amp-hr. Figure IV-88 also shows the power
consumption history for the transit phase (predicted and
actual).
During the last part of the transit, the auxiliary battery
temperature was lower than expected and this condition
could have prevented the auxiliary battery from maintain-
ing an adequate terminal voltage during terminal descent
in the event of main battery failure. The auxiliary battery
temperature was raised by operating in auxiliary battery
mode until TD-5 hr. This also allowed the main battery
to retain a greater amount of energy at touchdown,
though at the expense of the energy margin planned for
the auxiliary battery. The auxiliary battery temperature
rose from 85°F at 45 hr after launch (L + 45 hr) to 64°F at
L + 61 hr and to 77.8°F at L + 64.8 hr (post-touchdown).
The auxiliary battery remained below its temperature
limit of 125°F after touchdown, and the high-current
mode was maintained until L + 66.8 hr. At this time, the
transmitter high-power mode was turned off and main
battery charging began, requiring the removal of the
auxiliary battery from the line. At TD + 8 days, the
auxiliary battery continued to maintain a terminal volt-
age (open circuit) of approximately 22.4 v.
In order to reduce thermal dissipation in Compart-
ment A and to reduce the main battery temperature
during the post-touchdown phase, the power subsystem
was operated in OCR bypass mode. The main battery
was charged at approximately 1 amp in this mode, with
an average solar panel voltage of 29 v. On L + 218 hr
the charge current was reduced to prevent exceeding
27.3 v terminal voltage. During the initial charge period
the battery pressure rose slowly to about 37 psi, where
it stabilized. With the battery recharged to almost a full-
charged condition, the main battery energy was approx-
imately 162 amp-hr at the time of the day/night
terminator. Later, when spacecraft operations were dis-
continued for the duration of the lunar night, the
remaining battery energy was estimated to be 107.5
amp-hr.
E. Flight Control
The flight control subsystem (FCS) controls the space-
craft velocity and attitude during transit from the time
of spacecraft separation from the Centaur vehicle to
spacecraft touchdown on the lunar surface. The basic
functions performed by the FCS include:
1. Attitude stabilization and orientation during transit.
2. Midcourse trajectory correction based on radio
command data.
3. Retro pyrotechnic and vernier descent control for
soft-landing the spacecraft.
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The FCS consists of reference sensing elements, flight
control and mode control electronics, and vehicle con-
trol elements functionally arranged as shown in Fig.
IV-34.
The principal in-flight references used by the space-
craft are inertial, celestial, and lunar; each is sensed
respectively by inertia, optical, and radar sensors. The
control electronics process the reference sensor outputs,
earth-based commands, and the on-board flight control
programmer and decoder outputs to generate the neces-
sary control signals for use by the vehicle control ele-
ments. The vehicle control elements consist of the
attitude-control cold gas jet activation valves and gas
supply system, the vernier engine throttleable thrust
valve and controllable gimbal actuator, and the main
retro igniter and retro case separation pyrotechnics.
Vehicle response in attitude, acceleration, and velocity
is controlled as needed by various "control loops"
throughout the coast and thrust phases of flight, as shown
in Table IV-11. Stabilization of the spacecraft tipoff rates
after Centaur separation is achieved through the use of
rate feedback gyro control (rate mode). After rate cap-
ture, an inertial mode is achieved by switching to posi-
tion feedback gyro control. Because of the long duration
of the transit phase and the small unavoidable drift
error of the gyros, a celestial reference is used to contin-
uously update the inertially controlled attitude of the
spacecraft.
The celestial references (Fig. IV-5), the sun and the star
Canopus, are acquired and maintained automatically after
the spacecraft separates from the Centaur stage and
after automatic deployment of the solar panel. The sun is
first acquired by the automatic sun sensor during an
automatically commanded spacecraft roll maneuver. The
10-deg wide × 196-deg fan-shaped field of view of the
automatic sun sensor includes the Z axis and is centered
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Table IV-11. Flight control modes
Control loop I Flight phase Modes Remarks
Attitude control loop
CoastPitch and yaw
Roll
Thrust
Coast
Rote
Inertial
Celestial
Inertial
Lunar radar
Rate
Inertial
Celestial
InertialThrust
Acceleration control loop
Thrust (midcourse) Inertial (with accelerometer)
Thrust (terminal descent) Inertial (with accelerometer)
Velocity control loop
Thrust Lunar radar
Thrust Lunar radar
Gas jet matrix signals
Vernier engine matrix signals
Leg No. 1 gas jet signals
Vernier engine No. 1 gimbal command
Nominal 3.22 ft/sec 2
Minimum 4.77 ft/sec _
Maximum 12.56 ft/sec 2
Command segment signals to 43 ft altitude
Constant 5-fps velocity signals to 14.ft altitude
Lateral/angular conversion signals
Thrust axis
Thrust a xis
Lateral axis
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about the minus X axis. The roll command is terminated
after initial sun acquisition, and a yaw command is
initiated which allows the narrow-view primary sun sensor
to acquire and lock on the sun. Automatic Canopus
acquisition and lock-on are then achieved after initiation
of a roll command from earth. This occurs because the
Canopus sensor angle is preset with respect to the primary
sun sensor prior to launch for each mission. Star mapping
for Canopus verification is ........... _:--acmeveu by uuim,,auutu_ the
spacecraft to roll while the spacecraft maintains sun lock.
A secondary sun sensor, mounted on the solar panel,
provides a backup for manual acquisition of the sun ff the
automatic sequence fails.
The transit phase is performed with the spacecraft in
the celestial-referenced mode except for the initial rate-
stabilization, midcourse, and terminal descent maneuvers.
The midcourse and main retro orientation maneuvers
are achieved in the inertial mode. Acceleration control
is used for controlling the magnitude of the midcourse
velocity increment. During the interval from retro case
separation to initiation of radar velocity control, accel-
eration control is used to control the descent along the
spacecraft thrust axis, and velocity control is used for
pitch and yaw control to align the spacecraft thrust axis
with the velocity vector.
The lunar reference is first established by a signal
from an altitude marking radar (AMR) subsystem when
the spacecraft is nominally 60 miles above the lunar
surface. Dual-channel video gating (early and late gat-
ing signals) is used. The early and late gates are adjacent
at 60 miles so that as the spacecraft approaches the
lunar surface, the video return becomes equally coin-
cident with these two gates, making it possible to mark
accurately on the center of the RF return. When the
center of the main lobe is at a slant range of 60 miles,
the altitude mark signal is generated. The AMR signal
initiates automatic terminal descent spacecraft opera-
tions.
Subsequent lunar reference in the form of continuous
range and velocity information is provided by a 4-beam
RADVS subsystem.
1. Radar Altimeter and Doppler Velocity Sensor
(RADVS)
The RADVS (Fig. IV-35) functions in the flight con-
trol subsystem to provide three-axis velocity, range, and
altitude mark signals for flight control during the relro
and vernier phases. The RADVS consists of a doppler
velocity sensor (DVS), which computes velocity along the
spacecraft X, Y, and Z axes, and a radar altimeter (RA),
which computes slant range from 40,000 to 14 ft and
generates 1000-ft and 14-ft mark signals. The RADVS
comprises four assemblies: (1) klystron power supply/
modulator (KPSM), which contains the RA and DVS
klystrons, klystron power supplies, and altimeter modu-
]atnr (9,) altimeter/velocitY sensor antenna, which con-
tains beams 1 and 4 transmitting and receiving antennas
and preamplifiers, (3) velocity sensing antenna, which
contains beams 2 and 3 transmitting antennas and pre-
amplifiers, (4) RADVS signal data converter, which con-
sists of the electronics to convert doppler shift signals into
dc analog signals. The RADVS is turned on at about
50 miles above the lunar surface and is turned off at about
13 ft. Fig. IV-36 shows the RADVS 4-beam configuration.
a. Doppler velocity sensor. The doppler velocity sen-
sor (DVS) operates on the principle that a reflected
signal has a doppler frequency shift proportional to the
approaching velocity. The reflected signal frequency is
higher than the transmitted frequency for the closing
condition. Three beams directed toward the lunar sur-
face enable velocities in an orthogonal coordinate system
to be determined.
The KPSM provides an unmodulated DVS klystron
output at a frequency of 13.3 kmc. This output is fed
equally to the DVS1, DVS2, and DVS3 antennas. The
RADVS velocity sensor antenna unit and the altimeter
velocity sensor antenna unit provide both transmitting
and receiving antennas for all three beams. The reflected
signals are mixed with a small portion of the transmitted
frequency at two points _ wavelength apart for phase
determination, detected, and amplified by variable-gain
amplifiers providing 40, 65, or 90 db of amplification,
depending on received signal strength. The preamp out-
put signals consist of two doppler frequencies, shifted
by _ transmitted wavelength, and preamp gain-state
signals for each beam. The signals are routed to the
trackers in the RADVS signal data converter.
The D1 through D3 trackers in the signal data con-
verter are similar in their operation. Each provides an
output which is 600 kc plus the doppler frequency for
approaching doppler shifts. If no doppler signal is pres-
ent, the tracker will operate in search mode, scanning
frequencies between 82 kc and 800 cps before retro
burnout, or between 22 kc and 800 cps after retro burn-
out. When a doppler shift is obtained, the tracker will
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Fig. IV-36. RADVS beam orientation
operate as described above and initiate a lock-on signal.
The tracker also determines amplitude of the reflected
signal and routes this information to the signal process-
ing electronics for telemetry.
The velocity converter combines tracker output sig-
nals D_ through D:_ to obtain dc analog signals corre-
sponding to the spacecraft X, Y, and Z velocities; D1 + D:,
is also sent to the altimeter converter to compute range.
Range mark, reliability, and reference circuits produce
a reliable operate signal if D_ through D:, lock-on signals
are present, or if any of these signals are present 3 sec
after retro burnout. The reliable operate DVS signal is
routed to the flight control electronics and to the signal
processing electronics telemetry.
b. Radar altimeter. Slant range is determined by
measuring the reflection time delay between the trans-
mitted and received signals. The transmitted signal is
frequency-modulated at a changing rate so that return
signals can be identified.
The RF signal is radiated, and the reflected signal is
received by the altimeter/velocity sensor antenna. The
received signal is mixed with two samples of transmitted
energy N wavelength apart, detected, and amplified by
40, 65, or 90 db in the altimeter preamp, depending on
signal strength. The signals produced are difference fre-
quencies resulting from the time lag between transmitted
and received signals of a known shift rate, coupled with
spacecraft velocity.
The altimeter tracker ill tile signal data converter
accepts doppler shift signals and gain-state signals from
the altimeter/velocity sensor antenna and converts these
into a signal which is 600 kc plus the range frequency
pills the doppler frequency. This signal is routed to the
altimeter converter for range dc analog signal generation.
The range mark, reliability, and reference circuits
produce the lO00-ft mark signal and the 14-ft mark
signal from the range signal generated by the altimeter
converter.
The range mark and reliable signals are routed to
flight control electronics. The signals are used to rescale
the range signal, for vernier engine shutoff and to indi-
cate whether or not the range signal is reliable. The
reliable operate signal is also routed to signal processing
for transmission to DSIF.
2. Terminal Descent Design
The terminal maneuver is initiated by pointing the
vehicle thrust axis in a direction which is precalculated
on earth to be nearly aligned with the predicted velocity
vector at main retro ignition. Then, when the distance to
lunar surface reaches a preset value (about 60 miles), a
pulse-type radar altimeter (AMR) generates a marking
signal. After a suitable time delay, precomputed on earth,
a solid-propellant main retro engine is ignited.
During main engine burning, the vehicle attitude is
maintained constant by differential throttling of the three
controllable liquid-propellant engines used previously for
the midcourse maneuver. The solid motor burns at an
essentially constant thrust for about 40 sec after which the
thrust starts to decay. This tailoff is detected by an
acceleration switch which initiates a time delay of about
8 sec, after which the empty main retro engine case is
jettisoned. The remainder of the descent is made with the
vernier engines, commanded according to on-board
measurements of altitude and velocity.
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The vernier phase generally begins at altitudes between
10,000 and 50,000 ft and velocities in the range of 100
to 700 ft/sec. Because of statistical variations in various
parameters, a substantial range of burnout conditions is
possible. The vehicle attitude and thrust level during
the vernier engine phase are controlled according to on-
board (RADVS) measurements of velocity and range to
the lunar surface.
Shortly after separation of the main retro case, the
thrust is reduced to follow a commanded thrust accelera-
tion of 0.9 lunar g, sensed by an axially oriented accel-
erometer. The spacecraft attitude is held in its original
position until the velocity radar locks on to the lunar
surface. The thrust axis is then aligned with the velocity
vector and maintained there throughout the remainder
of the descent. The vehicle descends with the thrust
acceleration at 0.9 g until the radars sense that the "de-
scent contour" has been reached (Fig. IV-87). This con-
tour, in the range-velocity plane, is a straight-line approxi-
mation to a parabola which corresponds in the vertical
case to descent at a constant acceleration based on the
maximum thrust capability of the vernier engines. The
thrust is then commanded such that the vehicle follows
the descent contour until shortly before touchdown, when
the terminal sequence is initiated. This final phase con-
sists nominally of a constant velocity descent from 40 to
15 ft at 5 ft/sec, followed by a free fall from 18 ft, result-
ing in touchdown at approximately 18 ft/sec.
The horizontal component of the landing velocity is
nominally zero. Dispersions arise, however, primarily
because of the following two factors:
1. Measurement error in the doppler system resulting
in a velocity error normal to the thrust axis.
2. Nonvertical attitude due to:
a) Termination of the gravity turn at a finite velocity.
b) Attitude transients resulting from radar and other
control system noise sources.
Since the attitude at the beginning of the constant velocity
descent is inertially held throughout the remainder of
powered descent until cutoff, these errors give rise to a
significant lateral velocity at touchdown. The capability
to withstand this velocity without toppling is an essential
requirement in the vehicle landing gear design.
Constraints on the allowable burnout region are im-
posed by the doppler radar and the altimeter. Linear
operation of the doppler velocity sensor is expected for
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Fig. IV-37. Altitude-velocity diagram
slant ranges below 50,000 ft, and for velocities below
700 ft/sec. The altimeter limit is between 80,000 and
40,000 ft, depending on velocity. These constraints are
illustrated in the range-velocity plane in Fig. IV-87.
Furthermore, satisfactory operation of the doppler
radar can only be guaranteed when the flight path at
burnout is within 45 deg of the vertical and when the
vehicle roll axis is within 65 deg of the velocity vector.
These operating constraints affect the minimum allowable
burnout velocity.
The allowable burnout velocity range is further re-
stricted by the maximum thrust capability of the vernier
engine system. To accurately control the final descent,
the minimum thrust must be less than the least possible
6O
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landed weight of the vehicle. The result is a minimum
thrust of 90 119and a maximum of 312 lb. Descent at the
maximum thrust to touchdown defines a curve in the
range-velocity plane below which main retro burnout
cannot be allowed to occur. Actually, since the vernier
engines are also used for attitude control, it is necessary
to allow some margin from the maximum thrust level.
Furthermore, since it is more convenient to sense accel-
eration than *_-.... the ,-_;_,1 .......... i_ _r__rfo__rmedLLtlt f£JL_L, LL_J. IIIJI_LI_I tll_I_V_ * .....
at a nominally constant acceleration rather than at con-
stant thrust. This acceleration is determined from the
maximum thrust capability of the engines and the maxi-
mum possible vehicle weight at main engine burnout,
with suitable allowance for attitude control and control
system mechanization errors.
This maximum commanded thrust acceleration defines
a parabola in the altitude velocity plane. For vertical
descents at least, this curve defines the minimum altitude
at which main re_,o burnout is permitted to occur and
still achieve a soft landing. This parabola is indicated in
Fig. IV-37. For ease of spacecraft mechanization, the
parabola is approximated by straight line segments, also
shown in Fig. IV-37.
The main retro ignition altitude is established such
that burnout will occur sufficiently above the descent
contour to allow time to align the thrust axis with the
velocity vector before the trajectory intersects the con-
tour. Thus, a "nominal burnout locus" is established
which allows for altitude dispersions plus an alignment
time which depends on the maximum angle between the
flight path and roll axis at burnout. This locus is included
in Fig. IV-87.
The allowable burnout region having been defined, the
size of the main retro engine is determined such that
burnout will occur within that region. It is necessary to
provide for dispersions in engine characteristics, as well
as for velaicle weight variations due to fuel expended in
performing the midcourse maneuver, and for the required
range of approach velocities.
The maximum vernier fuel expenditure occurs when
the fuel consumed at midcourse is also maximum. The
design chosen provides enough fuel so that, given a
maximum midcourse correction, the probability of not
running out is at least 0.99. One way of doing this is to
examine the fuel required for points on the 99% dispersion
ellipse and to provide enough fuel for the worst case.
The principal sources of velocity dispersion are the im-
perfect alignment of the vehicle prior to retro ignition
and the variability of the total impulse. These variations,
in the case of a nominally vertical descent, cause dis-
persions of the type shown in Fig. IV-37, where the
ellipse defines a region within which burnout will occur
with probability 0.99.
• ,Je o_u _,_,_u-,o,, e guidance m_,l,,,a ,,_ed d,,___mg
the vernier phase consists of (1) continual alignment of
the thrusting direction antiparallel to the instantaneous
velocity vector and (2) thrust acceleration control in ac-
cordance with a nominal required velocity vs slant range
"descent contour." The attitude control law (1), known
as the "gravity turn," begins after the doppler radar has
acquired the velocity vector and the initial thrust axis
pointing error has been corrected. Regardless of the
acceleration level, the gravity turn tends to force the flight
path towards the vertical as time progresses. It has the
very" desirable property that, when the velocity becomes
zero, the flight path and therefore the vehicle thrust
attitude are concurrently vertical. The thrust control law
(2) insures that the cutoff velocity of 5 if/see is reached
at some suitably low altitude above the lunar surface.
3. Performance
a. Prelaunch and launch. The attitude control cold gas
system was pressurized to 4650 psi at 78°F (4.49 lb of N2)
prior to launch. The roll, pitch, and yaw gyro tempera-
tures are shown in Table IV-12 for the mission phase. All
temperatures were nominal.
Table IV-12. Gyro temperatures
Timer
GMT
14:22:00
14:41:01
15:03:00
15:55:00
16:60:00
00:58:24
06:04:05
07:29:33
13:15:49
Roll
167.2
170.9
178.1
178.1
178.1
172.7
172.7
172.7
Temperature, OF
Pitch
172
Liftoff
177
184
184
184
178
178
178
Ycnv
176.3
182.6
190
190
190
182
182
182.6
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b. Separation and coast phase. Spacecraft separation
from the Centaur was satisfactorily accomplished at
14:58:38 GMT. The flight control system nulled the small
rotational rates imparted by the separation springs and
initiated the roll-yaw sun acquisition sequence. After a
minus roll of 100.5 deg and a plus yaw of 86 deg, sun
acquisition and lock-on were satisfactorily completed at
15:03:20.
At 15:53:,39, a positive roll maneuver was initiated to
generate a star verification map to identify Canopus for
the purpose of establishing the spacecraft roll axis orien-
tation in space. The upper gate limit on the Canopus
sensor was raised prior to launch to 1.5 >( Canopus in-
tensity to compensate for an observed sensor operating
degradation of _% per hr under high sun test simulation.
During mapping, Canopus intensity was outside the upper
gate limit. Without a usable Canopus lock signal, manual
lock command was used to lock on Canopus. Calculation
of the actual spacecraft roll rate was made from the star
map using the time between successive passes on stars
Alderamin, Merak, Regulus, Alpha Hydrae, and Naos.
Roll rate was determined to be 720.4 sec for a 360-deg
angle or 0.4997 deg/sec as compared to a system design
of 720 sec for a ,360-deg angle or 0.5-deg/sec roll rate.
c. Midcourse maneuver and velocity correction. Point-
ing of the spacecraft for a velocity correction was accom-
plished at 06:36:45 (Day 151) by a -86.5-deg roll and a
-57.99-deg yaw. The vernier thrusting period was set by
command for 20.8 sec. With a controlled acceleration of
0.1 g, a total velocity correction of 20.4 m/sec was
achieved.
Startup of the verniers resulted in exceptionally smooth
transients to the spacecraft, indicating that the verniers
ignited and became throttleable almost simultaneously.
Peak gyro errors from vernier ignition were 0.15 deg for
pitch, 0.15 deg for yaw, and 0.10 deg for roll.
Shutdown transients resulted in peak gyro errors of
+0.6 deg for pitch, +1.9 deg for yaw and +0.7 deg roll.
The reverse angles of +57,99 deg yaw and +86.5 deg
roll were commanded, resulting in a sun and star reac-
quisition at 07:00:56.
The vernier engine transients did not result in any
inertial reference loss since the gyros have a minimum of
10-deg input capability, and peak gyro error was 1.9 deg.
The reverse-angle commanded maneuvers resulted in a
routine system reacquisition.
d. Cruise mode. Prior to and after the midcourse ma-
neuver, six gyro drift rate tests were performed. The
drift requirement for the Surveyor spacecraft gyros is
1.0 deg/hr (non g-sensitive) or less. The average values
of drift were: pitch, 0 deg/hr; roll, +0.2 deg/hr; yaw,
+0.75 deg/hr. The average inertial dead bands were:
pitch, + 0.47 deg; roll, +0.44 deg; yaw, + 0.42 deg. The
average inertial limit cycle periods were: pitch, 197 sec;
roll, 28'3 sec; yaw, 195 sec. The average optical dead bands
were: pitch, +0.23 deg; roll, +0.45 deg; yaw, +0.32 deg.
The average optical limit cycle periods were: pitch,
285 sec; roll, 433 sec; yaw, 190 sec.
Just prior to the terminal descent maneuver, the atti-
tude control gas pressure and weight were 3525 psi and
3.94 lb, respectively. The predicted usage was 0.51 lb as
compared with the calculated usage of 0.55 lb. This dis-
crepancy was attributed primarily to inaccuracies of the
temperature and pressure measurements. Also, the pre-
dicted usage did not account for the gas required to cage
the gyros after each drift check.
e. Terminal descent. The terminal descent was char-
acterized by exceedingly smooth system performance. A
terminal maneuver of +89.5 deg in roll, +59.9 deg in
yaw, and +94.1 deg in roll was executed approximately
40 min prior to main retro ignition. A delay time (from
AMR signal to vernier ignition) of 7.826 sec and a vernier
thrust value of 200 Ib were set and verified about 35 min
prior to main retro ignition.
The AMR functioned normally, giving a mark close to
the predicted time. From the AGC curve (Fig. IV-88),
the signal level was -56.9 dbm at main retro ignition.
Since the mark sensitivity during Flight Acceptance Tests
was -92.6 dbm, a margin of 85.7 db was indicated.
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Fig. IV-38. AMR AGC level
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During main retro phase, the peak deceleration was
approximately 9.7 g, and the time from retro ignition to
maximum vernier engine thrust was approximately 39.8
sec. During vernier ignition to case separation, attitude
motion was extremely small in all three axes. Peak pitch
and yaw attitude motion, as deduced from gyro error
telemetry data, occurred at retro ignition and amounted
to -1.0 deg in yaw, less than +0.3 deg in pitch, and
I 0.2 dcg/.'a roll. Following ignition, static attitude error
was on the order of +0.1 deg in yaw (less than +0.3 deg
required) and virtually zero in piteh. Roll attitude error
remained less than +0.5 deg throughout the retro phase
(less than + 1.0 deg required).
Following retro ignition, at which time Vernier Engine
No. 1 reached a peak thrust of approximately 90 lb, all
three vernier engines settled almost precisely at their
midthrust conditions. This indicated that the retro dis-
turbance torque due to thrust vector to CG offset was
virtually nonexistent. At about 10 sec prior to &5-g burn-
out occurrence, 10 ft-lb of control torque was produced
by differential thrusting of vernier engines 1 and 3. As-
suming 9,000 lb of retro thrust, this implies a thrust
vector to CG offset of approximately 0.013 in., whereas
a total of 0.18 in. of offset is allowed. The small offset
attests to the excellent accuracy achieved in prelauneh
retro alignment and small CG shift during retro burn.
During the high thrust phase prior to retro motor case
separation, a net vernier thrust of approximately 270 lb
was generated (273 ±20 lb predicted). No attitude dis-
turbance was noted at case ejection. The estimated roll
disturbance torque on the spacecraft was extremely small
during both midcourse and terminal maneuvers. The
principal causes of vehicle roll disturbances were vernier
engine bracket bending (predicted) induced by operation
of the vernier engines and thrust vector excursions of the
three vernier engines. Based on telemetry data, the actu-
ator angle was less than 1.1 deg for all but 2 sec of the
mission.
RADVS lockup occurred during retro fire, and correct
readings of velocities and range were obtained as soon
as values were below telemetry saturation. However,
beam 3 broke lock at 113.0 sec before touchdown. Relock
was obtained 2 sec later. The loss of lock was probably
caused by an intersection of beam 3 by the main retro
casing after ejection. There was a loss of doppler and
range reliable signals during this period as was expected
for this condition. Since the reliable signals were pre-
viously available for greater than 1 see, the conditional
reliable mode was not utilized and the vernier engines
went to low thrust (inertial hold) during the period.
During the 0.9-g descent phase following case separa-
tion, the RADVS satisfactorily controlled the spacecraft
thrust axis with reference to the velocity direction. About
22 sec of RADVS control was experienced prior to
acquisition of the deseont command segments.
A profile of range vs velocity is given in Figs. IV-39,
40. The straight line corresponds to the segments mech-
anized in the flight control system aboard the spacecraft.
The dashed line is the predicted flight path and the x
marks are the actual spacecraft data points as obtained
from the telemetry. The break in the curve in Fig. IV-39
between 800 and 1000 ft is due to telemetry lag at the
scale change and was predicted.
The lunar reflectivity characteristics were investigated
using terminal descent data. Reflectivity values for all
four (RADVS) beams are presented in Figs. IV-41 through
IV-44. It was assumed that the RADVS system and
telemetry were linear, in estimating lunar reflectivity
variation from expected values, and this should be an
adequate estimation for accuracies within 1 or 2 db.
Figures IV-41 through IV-44 show an average level of
4 to 6 db below the expected average lunar backscatter-
ing values. This is to be expected since the surface was
much smoother than average in the region where Sur-
veyor I landed. (A value of 6 db below average was
allowed for design purposes.) However, the instantaneous
values of signal strength vs time would show considerably
greater fluctuations than that shown, since the telemetry
does some averaging. Three different gain states are pos-
sible (GS-1, GS-2, or GS-:3) in the RADVS system. Only
data for GS-1 and GS-2 are shown in the figures for
clarity of presentation. Note that the scale factor is dif-
ferent for GS-1 and GS-2.
The altitude at engine cutoff and the touchdown ve-
locity were investigated. Using the time between the 14-ft
mark and touchdown, the spacecraft velocity gain at
touchdown was 1.5 X 5.3 (lunar g _ 5.:3 ft/sec :) or
approximately 8.0 ft/sec.
Just prior to engine cutoff (14 ft mark) the spacecraft
was commanded to about 4 ft/sec. The touchdown ve-
locity was thereby estimated at 11.97 ft/sec maximum.
The altitude at vernier engine cutoff therefore appeared
to be 12 ft rather than 14 ft.
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The slope of the surface at touchdown was within
1 deg of the local horizontal. This was determined from
the postlanded gyro error shifts and the nearly simul-
taneous surface contact of each of the three footpads.
Gyro outputs (deg) just prior to and after touchdown
are tabulated below:
Gyro Before TD After TD Output change
Yaw -0.110 +0.400 +0.510
Pitch -0.184 --0.468 -0.384
Roll --0.270 0.000 --0.270
The times (GMT) of individual footpad surface con-
tact are tabulated below:
Footpad Time (hr:min:sec)
Leg No. 1 06:17:35.656
Leg No. 2 06:17:85.656
Leg No. 8 06:17:85.670
F. Telecommunications
The spacecraft has a two-way telecommunications sub-
system that provides (1) a method of telemetering in-
formation to the earth, (2) the capability of receiving and
processing commands to the spacecraft, and (8) angle
tracking and one- or two-way doppler for orbit deter-
mination.
The independent, identical receivers and two central
command decoders are used for enhanced reliability.
Commands pass through one of the receivers to a central
command decoder and then to the subsystem decoder
that controls a particular subsystem of the spacecraft,
such as electrical or flight control. The system provides
for continuous operation of the command link in the
event that either of the spacecraft receivers or either o{
the two central command decoders should fail.
1. Radio Subsystem
The radio subsystem utilized on the Surveyor space-
craft is as shown in Fig. IV-45. Dual receivers, trans-
mitters, and antennas provide redundancy for increased
reliability, though limited, by switching reliability. Each
receiver is permanently connected to its corresponding
antenna and transmitter. The transmitters, which are
capable of operation in two different modes (100 mw low
power; 10 w high power), can each be commanded to
transmit through any of the three antennas.
a. Receivers. Both receivers are identical crystal-
controlled double-conversion units which operate con-
tinuously (cannot be commanded off). Each unit is capable
of operation in an automatic frequency control (AFC)
mode or an automatic phase control (APC) mode. The
receivers provide two necessary spacecraft functions:
the detection and processing of commands from the
ground stations for spacecraft control (AFC and APC
modes), and the phase coherent spacecraft-to-earth signal
required for doppler tracking (APC mode).
Highly accurate tracking of the spacecraft requires
transponders that permit two-way coherent doppler shift
measurements. In this mode, a transmitter is phase-locked
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DECODER
to a receiver through transponder interconnection cir-
cuitry; the signal transmitted back to earth is phase-
coherent with the received signtil. On a command from
earth, the spacecraft receiver operates in a phase-lock
mode and tracks the frequency of the signal it receives
from the DSIF station.
The raw tracking data, giving the position and velocity
of the spacecraft, is actually a product of the data pro-
cessing done at the DSIF stations after two-way lock is
achieved.
b. Transmitters. Transmitters A and B are identical
units which provide the spacecraft-to-earth link for telem-
etry and doppler tracking information. The transmitters
are commanded on (one at a time) from the ground sta-
tions. Each unit contains two crystal-controlled oscillators
(wideband for TV and scientific information, narrowband
for engineering data), which can be commanded on at
will, and, in addition, can operate from the receiver
voltage-controlled oscillator (transponder mode) when
coherent signals are required for two-way doppler track-
ing. Transmitters may be commanded to operate through
any one of the spacecraft antennas as desired and are
both capable of providing either 100 mw or 10 w of out-
put power.
c. Antennas. Three antennas are utilized on the Sur-
veyor spacecraft. Two antennas are omnidirectional
units which provide receive-transmit capability for the
spacecraft. The third antenna is a high-gain (27-db)
directional unit which is used for transmission of wide-
band information.
The radio subsystem on Surveyor performed nominally.
Two exceptions were the "hang-up" of Omniantenna A
and the high telemetry error rate experienced during
the later stages of the flight. Measured signal levels on
both the up and down links compared favorably with
predicted levels (Figs. IV-46 through IV-48). The maxi-
mum deviation between the actual and predicted levels
was 2.7 db. Frequency and power characteristics of the
radio system were nominal through the mission.
During a normal mission the omniantennas are de-
ployed by Centaur command just prior to separation.
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L
Deployment is indicated by a digital signal generated by
dosure of a microswitch. A normal deployment signal
was received at separation for Omniantenna B; how-
ever, no signal was apparent for Omniantenna A. Exam-
ination of the receiver A AGC revealed a large null of
approximately 70 deg which was not compatible with
range patterns taken prior to the Surveyor I mission.
The large unexpected nulls in the pattern indicated that
• . •
acmeveu, u_proper positioning had not been During ,t^
retro sequence neither the receiver AGC nor the Omni-
antenna A extend telemetry was available; however,
telemetry data received immediately after landing
showed the antenna to be extended and locked. It is be-
lieved that the stresses encountered during terminal
descent caused the antenna to free itself and deploy
properly.
Bit error rates as high as 1 X 10-2 were encountered
while operating in the 550 bit/see mode during the later
stages of the Surveyor I mission. The high error rate was
expected at near lunar distance in the 550 bit/see mode.
2. Signal Processing Subsystem
The Surveyor signal processing subsystem accepts,
encodes, and prepares for transmission voltages, cur-
rents, and resistance changes corresponding to various
spacecraft parameters such as events, voltages, tempera-
tures, accelerations, etc.
The signal processor employs both pulse code modu-
lation and amplitude-to-frequency modulation telemetry
techniques to encode spacecraft signals for frequency-
or phase-modulating the spacecraft transmitters and for
recovery of these signals by the ground telemetry equip-
ment. A simplified block diagram of the signal processor
is shown in Fig. IV-49.
The input signals to the signal processor are derived
from various voltage or current pickoff points within
-- £.-_-- _J._..1^_,.1 _-_1_,_1.-.-_,the other subsystems as well a_ _tu,. _.................
transducing devices such as strain gages, accelerometers,
temperature transducers, and pressure transducers.
These signals generally are conditioned to standard
ranges by the originating subsystem so that a minimum
amount of signal conditioning is required by the signal
processor.
As illustrated in Fig. IV-49, some of the signal inputs
are commutated to the input of the analog-to-digital
converter while others are applied directly to subcarrier
oscillators. The measurements applied directly are accel-
erometer and strain gage measurements which require
continuous monitoring over the short intervals in which
they are active.
The commutators apply the majority of telemetry input
signals to the analog-to-digital converter, where they
are converted to a digital word. Binary measurements
such as switch closures or contents of a digital register
already exist in digital form and are therefore routed
around the analog-to-digital converter. In these cases,
DIGITAL INPUT DATA
ANALOG
SPACECRAFT S I X ] I [ TO
TELEMETRY ENGINEERING _ DIGITAL (A/D)
SENSORS COMMUTATORS [ l CONVERTER
SUBCARRIER
OSCILLATOR
STRAIN GAGES
AND
ACCELEROMETERS
I
L_
SUBCARRIER !OSCILLATORS
Fig. IV-49. Simplified signal processing functional block diagram
FM
SUMMING
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TO TRANSMITTER
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SUMMING
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v
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the commutator supplies an inhibit signal to the analog-
to-digital converter and, by sampling,, assembles the
digital input information into 10-bit digital words. The
commutators are comprised of transistor switches and
logic circuits which select the sequence and number of
switch closures. There are six engineering commutator
configurations (or modes) used to satisfy the telemetry
requirements for the different phases of the mission and
one TV commutator configuration located in the TV
auxiliary.
The analog-to-digital converter generates an 11-bit
digital word for each input signal applied to it. Ten
bits of the word describe the voltage level of the input
signal, and one bit position is used to introduce a bit for
parity-checking by the ground telemetry equipment. The
analog-to-digital converter also supplies commutator
advance signals to the commutators at one of six dif-
ferent rates. These rates enable the signal processor to
supply telemetry information at 4400, 1100, 550, 137.5
and 17.2 bit/sec. The bit rates and commutator modes
are changed by ground commands.
The subcarrier oscillators are voltage-controlled oscil-
lators used to provide frequency multiplexing of the
telemetry information. This technique is used to greatly
increase the amount of information which is transmitted
on tbe spacecraft carrier frequency.
The summing amplifiers sum the outputs of the sub-
carrier oscillators and apply the composite signal to the
spacecraft transmitters. Two types of summing amplifiers
are employed because of the ability of the transmitters
to transmit either a phase-modulated or a frequency-
modulated signal.
The signal processing subsystem employs a high
degree of redundancy to insure against loss of vital
spacecraft data. Two analog-to-digital converters, two
independent commutators, and a wide selection of bit
rate (each with the A/D converter driving a different
subcarrier oscillator) provide a high reliability of the
signal processing subsystem in performing its function.
During transit, 126 commands effecting changes in the
signal processor were received and properly executed
by the signal processor. Table IV-13 shows rep-
resentative values of the telemetered signal processing
parameters.
Table IV-13. Typical signal processing
performance values
ESP ref. volts, v
EST ref. return, v
ESP unbalance current, #o
AESP unbalance current,/za
ESP full-scale current calibration, mv
ESP mid-scale current calibration, my
ESP zero-scale current calibration, mv
AESP full-scale current calibration, my
AESP mid-scale current calibration, mv
AESP zero-scale current calibration, mv
Prelaunch Flight
+4,88
0.00
--2.96
-- ] .95
91.0
50.4
10.2
90.4
50.4
10.3
-t-4,90
0.00
--3.06
--2.77
90.7
50.2
10.0
90.3
50.5
10.3
3. Command Decoding Subsystem
From liftoff to final touchdown on the moon the
Surveyor I Mission required a total of 254 earth com-
mands. Nine of these were quantitative commands
(QC's) which provided the spacecraft with the quanti-
tative information necessary for attitude and trajectory-
correction maneuvers; the other 245 were direct com-
mands (DC's) which initiated single actions such as
extend omniantennas, AMR power on, A/D clock rate
1100 bps, etc.
These commands were received, detected, and de-
coded by one of the four receiver/central command
decoder (CCD) combinations possible in the Surveyor
command subsystem. The selection of the combination
is accomplished by stopping the command information
from modulating the uplink radio carrier for 1/, sec. Once
the selection is made, the link must be kept locked up
continuously by either sending serial command words
or unaddressable command words (referred to as fill-
ins) at the maximum command rate of 2 word/sec.
The command information is formed into a 24-bit
Manchester-coded digital train and is transmitted in a
PCM/FM/PM modulation scheme to the spacecraft.
When picked up by the spacecraft omniantennas, the
radio carrier wave is stripped of the command PCM
information by two series FM discriminators and a
Schmitt digitizer. This digital output is then decoded by
the central command decoder (CCD) for word sync, bit
sync, the 5-bit address and its complement, and the 5-bit
command and its complement (this latter only for DC's
since the QC's contain 10 bits of information rather than
5 command bits and their complements). The CCD then
7O
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c_mpares the address with its complement and the
command with its complement on a bit-by-bit basis. If
the comparisons are satisfactory, the CCD then seleets
that one of the eight subsystem decoders (SSD) having
the decoded address bits as its address, applies power
to its command matrix, and then selects that one of the
32 matrix inputs having the decoded command bits as
its address to issue a 20-msec pulse which initiates the
desired single action.
Those DC commands that are irreversible or extremely
critical are interlocked with a unique command word.
Ten of the DC's and all of the QC's are in this special
category. None of these commands can be initiated if
the interlock command word wasn't received immedi-
ately prior to the unique command.
The QC's, besides being interloeked, are also treated
somewhat differently by the command subsystem. The
only differences between the DC and QC are: (1) A
unique address is assigned the QC words; (2) the QC
words contains 10 bits of quantitative information in
place of the 5 command and 5 command complement
bits. Hence, when this unique QC address is recognized,
the CCD selects the flight control sensor group (FCSG)
subsystem decoder (SSD) and shifts the 10 bits of quan-
titative information into the FCSG magnitude register.
Hence, the QC quantitative bits are loaded as they are
decoded.
1. Vernier Propulsion
The vernier propulsion subsystem supplies the thrust
forces for midcourse maneuver velocity vector correc-
tion, attitude control during main retrorocket engine
burning, and velocity vector and attitude control during
terminal descent. The vernier engine system consists of
three thrust chamber assemblies and a propellant feed
system. The feed system is composed of three fuel tanks,
three oxidizer tanks, a high-pressure helium tank, pro-
pellant lines, and valves for system arming, operation,
and deactivation.
Fuel and oxidizer are contained in six tanks of equal
volume with one pair of tanks for each engine. Each tank
contains a Teflon expulsion bladder to permit complete
and positive expulsion and to assure propellant control
under zero-g conditions. The oxidizer is nitrogen tetroxide
(N__O_) with 10% by weight nitric oxide (NO) to depress
the freezing point. The fuel is monomethyl hydrazine
monohydrate (72 MMH" 28 H..O). Fuel and oxidizer
ignite hypergolically when mixed in the thrust chamber.
The total usable propellant load is 178..3 lb. The arrange-
ment of the tanks on the spaceframe is illustrated in
Fig. IV-50. Propellant freezing or overheating is prevented
by a combination of active and passive thermal controls,
utilizing surface coatings, muhilayered blankets, and
electrical and solar heating. The propellant tanks are
thermally isolated from a spaceframe to insure that the
spacecraft structure will not function as a heat source or
as a heat sink.
Each picture-taking sequence after touchdown was
earth-commanded. The mirror positions, the focus, etc.,
had to be earth-commanded. An estimated 86,000 DC's
were sent to get approximately 10,000 pictures during
the first lunar day. Of these thousands of commands
only two were rejected by the spacecraft command sys-
tem, and this was due to a problem at the ground station
rather than a spacecraft command decoder failure.
G. Propulsion
The propulsion subsystem supplies thrust force during
the midcourse correction and terminal descent phases of
the mission. The propulsion subsystem consists of a
vernier engine system and a solid-propellant main retro-
rocket engine. The propulsion subsystem is controlled by
the flight control system through preprogrammed ma-
neuvers, commands from earth, and maneuvers initiated
by flight control sensor signals.
Propellant tank pressurization is provided by the helium
tank and valve assembly (Fig. IV-51). The high-pressure
helium is released to the propellant tanks by activating a
squib-actuated helium release valve. A single-stage regu-
lator maintains the propellant tank pressure at 720 psi.
Helium relief valves relieve excess pressure from the
propellant tanks in the event of a helium pressure regu-
lator malfunction.
The thrust chambers (Fig. IV-52) are located near the
hinge points of the three landing legs on the bottom of
the main spaceframe. The moment arm of each engine
is about :38 in. Engine No. 1 can be rotated ±6 deg about
an axis in the spacecraft X-Y plane for spacecraft roll
control. Engine 1 roll actuator is unlocked after boost.
Engines Nos. 2 and 3 are not movable. The thrust of
each engine (which is monitored by strain gages installed
on each engine mounting bracket) can be throttled over
a range of 30 to 104 lb. The specific impulse varies with
engine thrust.
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HELIUM TANK
HELIUM LINES
OXIDIZER TANK (3)
FUEL TANK (3)
VERNIER ENGINE 2
(FIXED)
LEG 3
VERNILR ENGINE 3
(FIXED)
VERNIER ENGINE I
(GIMBALLED)
Fig. IV-50. Vernier propulsion subsystem
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RELIEF VALVE THROTTLING VALVE ASSEMBLY 
SOLENOID-OPERATED PROPELLAN 
HELIUM DUMP 
VERNIER 
(TYP)  
SOUIB ACTUATED 
HELIUM F I L L  AN 
RELEASE VALVE 
CHECK VALVE 
- 
FUEL TANKS 
Fig. IV-51. Simplified vernier propulsion system schematic 
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Fig. IV-52. Vernier engine thrust chamber 
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Prior to launch the vernier propulsion system propellant
tanks are loaded with a nominal 109 lb of oxidizer and
75 lb of fuel. The propellant tanks are then pressurized
to :300 psi pad pressure of helium. The high-pressure
helium tank is pressurized to a nominal 5175 psi. The
vernier system remains in this condition through launch
until 18 min before midcourse firing, at which time a
squib in the helium release valve is fired. This allows the
helium regulator to pressurize the propellant tanks to
their nominal working pressure of 720 psi. At mideourse
the vernier system is given a command.which turns on
all three vernier engines to a thrust level equal to 0.1 g
for a specified time depending upon the correction de-
sired. After the mideourse maneuver the system remains
in the fully pressurized state until the terminal descent
sequence. For the terminal descent operation, the vernier
engines are ignited 1 sec before the main retro fires.
During main retro burn, the vernier engines provide
attitude control. At the end of main retro burn, the ver-
nier engines are programmed to full thrust to facilitate
the retro separation. The vernier engines are then throt-
tled to give an optimum range/velocity profile descent.
At approximately 14 ft above the lunar surface, the
engines are shut down and the spacecraft free-falls to
the surface.
2. Main Retrorocket
The main retrorocket, which performs the major portion
of the deceleration of the spacecraft during lunar landing
maneuver, is a spherical, solid-propellant unit with a
partially submerged nozzle to minimize overall length
(Fig. IV-53). The engine utilizes a earboxyl-terminated
polyhydrocarbon composite-type propellant and conven-
tional grain geometry.
THRUST SKIRT
o 4
i , , , i
INCHES
SUPER AMR
SAFE AND ARM
I
PYROGEN ASSEMBLY ,--THERMAL
(_ SENSOR
LNOZZLE-EXlT
CONE
Fig. IV-53. Retrorocket engine
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The motor case is attached at three points on the main
spaceframe near the landing leg hinges, with explosive
nut disconnects for post-burnout ejection. Friction clips
around the nozzle flange provide attachment points for
the altitude marking radar (AMR). The retrorocket, in-
cluding the thermal insulating blankets, weighs approxi-
mately 1390 lb. This total includes about 19_44 lb of
propellant. The _hermal control design of the retrorocket
engine is completely passive, depending on its own
thermal capacity and an insulating blanket (21 layers of
aluminized mylar plus a cover of aluminized Teflon).
The prelaunch temperature of the unit is 70 ±5°F. At
terminal maneuver, when the engine is ignited, the pro-
pellant will have cooled to a thermal gradient with a bulk
average temperature of about 50 to 55°F.
The AMR normally triggers the terminal maneuver
sequence. When the retro firing sequence is initiated, the
retrorocket gas pressure ejects the AMR. The engine oper-
ates at a thrust level of 8,000 to 10,000 lb for approximately
39 sec at an average propellant temperature of 50°F.
3. Performance
Figure IV-54 contains a list of the major propulsion
system components, their allowable temperature ranges,
and their actual temperature ranges for nonmaneuver
periods between launch and lunar landing.
The vernier propellant tanks were pressurized just
before the midcourse maneuver. The midcourse maneu-
ver was performed normally with a maneuver magnitude
error of only 0.4%. Data taken during the midcourse
maneuver are summarized in Table IV-14. The space-
craft attitude transients following midcourse ignition
were less than 0.5 deg, indicating smooth and uniform
ignition of the vernier engines. The spacecraft was very
stable during the midcourse maneuver, indicating that
the engines operated normally. Vernier engine shutdown
was also smooth and uniform for all three engines as
indicated by the gyro data after shutdown.
The vernier engines cooled to their steady-state tem-
peratures within 5 hr after the midcourse correction.
-- 20 0 ZO
TEMPERATURE, OF
60 I00 140 180
MAIN RETRO MOTOR AT LAUNCH
MAIN RETRO MOTOR AT IGNITION
VERNIER ENGINES
VERNIER PROPELLANT TANKS
VERNIER PROPELLANT LINES
HELIUM TANK AND VALVE ASSEMBLY
m
rNnuu_
_unu_u_p
YNuu_
ALLOWABLE TEMPERATURE RANGE
ACTUAL TEMPERATURE RANGE OBSERVED
ON SURVEYOR_ BETWEEN LAUNCH
AND LUNAR LANDING
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Fig. IV-54. Propulsion system temperatures, launch to landing
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Helium pressurization gas consumption and regulator
operation during the mideourse maneuver followed the
predicted values during the midcourse maneuver as
Table IV-14. Midcourse maneuver data
Actual Predicted
Parameter
value value
Total vernier thrust, Ib
Spacecraft acceleration, ft/sec 2
Maneuver duration, see
Propellant usage, Ib
219.5
3.21
20.8
1 6.5
219.5
3.21
20.8
16.5
shown on Fig. IV-55. Propulsion system temperatures
continued normal during the post-midcourse coast pe-
riod as indicated in Fig. IV-54. Three of the vernier
propellant tanks are equipped with thermostatically con-
trolled heaters, but heating was not required since the
temperatures remained above the thermostat settings.
The temperature of the main retro propellant grain was
estimated to be 54°F just before the terminal maneuver.
This was within 1 °F of the prelaunch prediction of 55°F
at retro ignition time.
The attitude changes prior to the terminal maneuver
were accomplished smoothly. The AMR was enabled
550O
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and was triggered in a normal manner to start the terminal
maneuver sequence. Vernier engine ignition occurred
smoothly with very small attitude transients of the ve-
hicle. Retro ignition occurred 1 sec later as programmed
by the spacecraft. On retro ignition a small attitude tran-
sient occurred (approximately 1 deg). Engine No. 1 thrust
went momentarily high and then returned to approxi-
mately mid-level. Engines 2 and :3 dropped slightly and
that Omniantenna A extended at this time and caused
the momentary transient. During the retro maneuver, the
pitch and yaw moments never exceeded 400 in.-lb, which
is well within the pitch/yaw moment control capability
of the spacecraft of approximately 2,000 in.-lb. This data
indicated that the retro thrust vector was very well
aligned with the spacecraft CG and that the retro thrust
vector did not shift significantly during retro firing. The
roll torques produced by the main retro were less than
in.-lb. This moment.should be compared with the roll
moment control capability of greater than 90 in.-lb. This
data indicated that there was very little rotational energy
in the retro exhaust. There was very little modulation
of vernier engine thrust during the retro maneuver, indi-
cating very stable operation of the vehicle. The control
characteristics are summarized in Table IV-15.
Table IV.-15. Control characteristics during
terminal descent
Actual Allowable
Parameter
range range
Retro phase pitch or yaw moment, in-lb
Retro phase roll moment, in-lb
Vernier engine throttling, Ib
Vernier engine shutdown impulse
variation, Ib-sec
Pitch or yaw gyro error, deg
Roll gyro error, cleg
400 max
25 max
26-99
0.46 max
1 ° max
0.5 ° max
0-2000
0-90
24-I 06
0-0.64
0-10 °
0-10 °
Retro tailoff occurred smoothly, and when the inertia
switch closed, the vernier engines were throttled to high
thrust for case separation. The engines were operating at
that time at about 99 lb each, which was the highest
commanded thrust during the mission. The data indicates
that the retro burning time was 38.9 sec rather than the
predicted 38.5 sec. The 0.4-sec error was larger than
anticipated but still within the tolerance of the space-
craft system. The data indicates that the actual total
impulse of the main retro was within 0.4% of the predicted
value. Retro case separation occurred smoothly, indicating
that the retro tailoff characteristics were adequate.
During the initial part of the vernier descent phase,
which begins just after retro case separation, the RADVS
lost lock. This was probably due to passage of the retro
case through one of the RADVS beams. The RADVS
locked up again and remained locked during the re-
mainder of the vernier descent. The line segments were
acquired and the spacecraft followed the programmed
descent curve. RADVS noise modulation of the vernier
engine thrust commands appeared nearly identical with
analog computer simulations of the control system. Ver-
nier engine cutoff appeared to be normal, with very little
angular rate induced at engine shutoff. This again indi-
cates very little difference between shutoff transients of
the three engines. Terminal descent propulsion data is
summarized in Table IV-16.
Table IV-16. Terminal maneuver data
Actual Predicted
Parameter
value value
Retro Ihrust (average), Ib
Retro burning time, sec
Retro total impulse variation from
predicted, _o
Total vernier thrust
Retro phase, Ib
Retro case separation phase, Ib
Low-acceleration descent, Ib
High-acceleration descent, Ib
Landing maneuver, Ib
Vernier engine burning time, sec
Vernier propellant usage, Ib
9200
38.9
0.4
193.6
281.6
_ I05.0
276.0
96.0
165.0
119.7
9370
38.5
196.8
270.3
108.0
267.0
106.8
161.0
119.5
By integrating the thrust command data, it was deter-
mined that approximately 45 lb of the original 184 lb of
vernier propellant remained in the vehicle after touch-
down. The propellant consumption data is summarized
in Table IV-17.
Table IV-17. Propellant consumption
Retro propellant loaded
Vernier propellant
Total loaded
Consumed
Midcourse maneuver
Terminal maneuver
Unusable
Remaining usable
1244.1 Ib
183.9
16.5
119.7
2.2
45.5 Ib
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The propulsion temperatures were all normal just after
landing. The helium tank vent was commanded and
venting occurred normally. The temperatures of Thrust
Chamber Assemblies (TCA's) 2 and 3 cooled initially
and then rose to approximately 180 and 225°F, respec-
tively, and Engine 1 cooled to approximately 54°F. Pro-
pellant tank temperatures began to rise slowly after
touchdown. The temperature range to which the vernier
propulsion system components were exposed are shown
in Fig. IV-56 for the period between landing and the
last measurements taken during the first lunar night.
The vernier and main retro propulsion systems per-
formed well within the spacecraft system requirements
during Mission A. During lunar day and into the lunar
night, the vernier propulsion system remained apparently
leak-tight over temperature extremes well outside their
normal operating range. At post-touchdown the oxidizer
propellant tanks reached II0°F and the oxidizer pressure
(Tank 3) rose to 835 psia. At this time the relief valve
began to operate and vented the pressure down to ap-
proximately 818 psia, indicating normal relief valve oper-
ation. After approximately 90 hr past touchdown and 10
venting cycles, the pressure rose to 860 psia and then
--300 -200
vented down to propellant vapor pressure during a 6-hr
period. This venting appears to have been eaused by
failure of the relief valve to reseat. After the gas was
vented from the oxidizer tanks, the bladders apparently
expanded to completely fill the tanks and subsequently
oxidizer pressure stabilized at the oxidizer vapor pressure.
H. Payload
The engineering payload provides telemetry data for
evaluation of the spacecraft status and its capabilities for
performing a lunar mission. Data to be provided includes
vernier engine thrust, main retro engine case pressure,
touchdown shock, and thermal status of critical com-
ponents of the system including the structure. The engi-
neering payload (Fig. IV-57) consists of the following:
Survey television camera
Television auxiliary
Auxiliary engineering signal processor
Auxiliary battery
Auxiliary battery control
Engineering payload instrumentation sensors
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Fig. IV-56. Propulsion system temperatures, post-landing
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• CURRENT SENSOR
• THERMAL SENSOR
• STRAIN GAGE B
[] ENGINEERING PAYLOAD
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TELEVISION
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TELEVISION CAMERA
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Fig. IV-57. Engineering payload
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Fig. IV-58. Simplified engineering payload sensors functional block diagram
80
JPL TECHNICAL REPORT NO. 32-1023
The survey television provides pictures of the lunar
surface, portions of the spacecraft, and free space. It is
used during lunar operations. The auxiliary engineering
signal processor processes engineering payload data and
other spacecraft data as a backup for the engineering
signal processor for telemetry. The auxiliary battery pro-
vides a backup power source for the main battery and
solar panel, and the auxiliary battery control provides for
automatic and command _ . _,l_a --_l:_n_-__ _ _h,_CUULI-UIIUU. dLJI)l.,IL_O.tlUA_. UL tu_
auxiliary battery. The engineering payload instrumenta-
tion provides additional data on the performance status
of the spacecraft and its response to the environment,
beyond the capacity of the basic bus engineering instru-
mentation. The engineering payload instrumentation
sensors (Fig. IV-58) consist of:
11 resistance thermal sensors
7 strain gages (with 1 strain-gage-amplifier assembly)
4 aece]erometers
A strain gage is mounted on each of the three shock
absorbers to monitor shock absorber loads during lunar
touchdown. A strain gage is also mounted on each of the
three vernier engine brackets to provide correlation as to
vernier engine response to flight control system com-
mands and yield a gross indication of engine thrust via
the strain induced by engine operation. A strain gage on
the main retrorocket engine case verifies that the engine
has ignited and provides a gross indication of engine per-
formanee.
The four accelerometers are located in Compartments
A and B, one on the A/SPP mast and one on the RADVS
velocity-sensing antenna. Full-scale range of the
accelerometer-amplifier system is -+-15 g (high-gain out-
put). The accelerometers indicate vehicle and component
accelerations during all mission stages after DSIF acqui-
sition.
Performance of the engineering payload was satisfac-
tory and the additional data generated is elaborated in
the following survey television camera section and within
the spacecraft subsystem sections.
1. Television
The television subsystem is designed to obtain video
photographs of the lunar surface. The subsystem con-
sists of a downward-looking approach camera, a survey
camera capable of panoramic viewing, and a television
auxiliary, which serves to commutate the identification
signals and provide appropriate video mixing.
The approach camera (Camera 4) is intended to pro-
vide overlapping photography of the lunar surface dur-
ing the terminal phase of the trajectory and is turned on
nominally 1000 nm above the lunar surface. Because of
the complexity of the terminal descent phase of the
mission, the approach camera was not utilized during
Mission A.
The s,,_vey television camera (Camera 3) shown in
Fig. IV-59 provides images of the lunar surface over a
360-deg panorama. Each picture, or frame, is imaged
through an optical system onto a vidicon image sensor
whose electron beam scans a photoc_3nductive surface,
thus producing an electrical output proportional to the
conductivity changes resulting from the varying receipt
of photons from the object space. The camera is de-
signed to accommodate scene luminance levels from
approximately 0.008 ft-lamberts to 2600 ft-lamberts,
employing both electromechanical mode changes and
iris control. Frame-by-frame coverage of the lunar surface
provides viewing 360 deg in azimuth and from _-40 deg
above the plane normal to the camera Z axis to -60 deg
below this same plane. Camera operation is totally de-
pendent upon receipt of the proper command structure
from earth. Commandable operation allows each frame
to be generated by shutter sequencing preceded by ap-
propriate lens settings and mirror azimuth and elevation
positioning to obtain adjacent views of the object space.
Functionally, the camera provides a resolution capability
of approximately lmm at 4 meters and can focus from
1.23 meters to infinity.
Figure IV-60 depicts the functional block diagram of
the survey camera. Commands for the camera are pro-
cessed by the central command decoder, with further
processing by the TV subsystem decoder within the TV
auxiliary. Identification signals, in analog form, from the
camera are commutated by the television auxiliary, with
analog-to-digital conversion being performed within the
central signal processor. The ID data in PCM form is
mixed in proper time relationship with the video signal
in the TV auxiliary and subsequently sent to the tele-
communications system for transmission to earth.
The survey camera consists of a mirror, filters, lens,
shutter, vidicon, and the attendant electronic circuitry.
The mirror assembly is comprised of a 10.5 X 15 cm
elliptical mirror supported at its minor axis by trunnions.
This mirror is formed by a vacuum-depositing an alumi-
num surface on a beryllium blank, followed by a deposi-
tion of Kanogen with an overcoat of silicon monoxide.
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The mirrored surface is fiat over the entire surface to
less than 1Awavelength at x = 550 mg and exhibits an
average specular reflectivity in excess of 86%. The
mirror is positioned by means of two drive mechanisms,
one for azimuth and the other for elevation.
The mirror assembly contains three filters (red, green,
and blue), in addition to a fourth section containing a
clear element for nonmonochromatic observations. The
filter characteristics are tailored such that the camera
responses, including the spectral response of the image
sensor, the lens, and the mirror match as nearly as
possible the standard CIE tristimulus value curves (Fig.
IV-61). Color photographs of any given lunar scene are
reproduced on earth after three video transmissions,
each with a different filter element in the field of view.
ZOO
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e k
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Fig. IV-61. Relative tristimulus values of the
color filter elements
70O
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The optical formation of the image is performed by
means of a variable-focal-length lens assembly placed
between the vidicon image sensor and the mirror assem-
bly. Each lens is capable of providing a focal length of
either 100 or 25 mm, which results in an optical field
of view of approximately 6.43 and 25.3 deg, respectively.
Additionally, the lens assembly may vary its focus by
means of a rotating focus cell from near 1.23 meters to
infinity, while an adjustable iris provides effective aper-
ture changes of from f/4 to f/22, in increments which
result in an aperture area change of 0.5. While the most
effective iris control is accomplished by means of com-
mand operation, a servo-type automatic iris is available
to control the aperture area in proportion to the average
scene luminance. As in the mirror assembly, potentiom-
eters are geared to the iris, focal length, and focus ele-
ments to allow ground determination of these functions.
A beam splitter integral to the lens assembly provides
the necessary light sample (10% of incident light) for
operation of the automatic iris.
Two modes of operation are afforded the camera by
means of a mechanical focal plane shutter located be-
tween the lens assembly and the vidicon image sensor.
Upon earth command, the shutter blades are sequen-
tially driven by rotary solenoids across an aperture in
the shutter base plate, thereby allowing light energy to
reach the image sensor. The time interval between the
initiation of each blade determines the exposure interval,
nominally 150 milliscc. An additional shutter mode
allows the blades to be positioned to leave the apertnre
open, thereby providing continuous light energy to the
image sensor. This mode of operation is useful in the
imaging of scenes exhibiting extremely low luminance
levels, including star patterns.
The transducing process of converting light energy
from the object space to an equivalent electrical signal
in the image plane is accomplished by the vidicon tube.
A reference mark is included in each corner of the
scanned format, which provides, in the video signal, an
electronic level of the scamled image. In the normal, or
600-line mode of operation, the camera provides one
600-TV-line frame every 3.6 see. Each frame requires
nominally 1 sec to be read from the vidicon. A second
mode of operation provides one 200-1ine frame every
61.8 sec. Each frame requires 20 sec to complete the
video transmission and utilizes a bandwidth of 1.2 kc
in contrast to the 220 kc used for the 600-line mode. This
200-1ine mode is used for omnidirectional antenna trans-
mission from the spacecraft.
A third operational mode, used for stellar observations
and lunar surface observation under earthshine illumi-
nation conditions, is referred to as an integrate mode.
This mode may be applied, by earth command, to either
the 200- or 600-line scan mode. Scene luminances on the
order of 0.008 ft-lamberts are reproduced in this mode
of operation, thereby permittng photographs under
earthshine conditions.
Integral to the spacecraft and within the viewing ca-
pability of the camera are two photometric/colorimetric
reference charts (Fig. IV-62). These charts, one on
Omniantenna B and the other on a spacecraft leg adja-
cent to footpad 3, are located such that the line of sight
of the camert, when viewing the chart is normal to the
plane of the chart. Each chart is identical and contains
a series of 13 grey wedges arranged circumferentially
around the chart. In addition, three color wedges, whose
CIE chromaticity coordinates are known, are located
radially from the chart center. A series of radial lines is
incorporated to provide a gross estimate of camera reso-
lution. Finally, the chart contains a centerpost which
aids in determining the solar angles after hmar landing
by means of the shadow information. Each chart, prior
to launch, is calibrated goniophotometrically to allow an
estimation of post-landing camera dynamic range.
The survey camera incorporates a total of four heaters
to maintain proper thermal control and to provide a
thermal environment in which the camera components
operate. The elements are designed to provide a sus-
taining operating temperature during the hmar night
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Fig. IV-62. TV photometric/colormelric reference chart
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if energized. These consume 36 w of power when initi-
ated. A temperature of -20°F must be achieved prior
to camera turn on.
2. Performance
A pre-mission calibration was performed on the survey
camera with the camera mounted on the spacecraft. Each
calibration utilized the entire telecommunication system
of the spacecraft, thereby including those factors of the
modulator, transmitter, etc., which influence the overall
image transfer characteristics.
The photometric and modulation transfer calibration
results are shown in Figs. IV-_3 through IV-68. Each of
the light transfer characteristic curves is corrected for the
error resulting from the spectral differences between
the calibration light source and the camera components
in relation to the solar spectral characteristic. These
curves represent the characteristics of the camera under
true lunar brightness conditions. Figure IV-68 depicts
the modulation transfer of the survey camera and was
obtained utilizing sine wave optical stimuli, thus enabling
a determination of the true Fourier representation of the
camera.
As a result of the landed roll orientation of the space-
craft, the camera was provided almost continuous shade
by the solar panel/planar array, thereby allowing much
longer periods of operation at high solar angles than was
anticipated. The high temperature experienced during
the mission was on the order of + 140°F. Camera opera-
tion was discontinued following the lunar sunset, as the
camera temperature dropped below --20°F point. Data
indicates that the camera achieved a minimum tempera-
ture during the lunar night of -290°F. However, all
components survived the lunar night, with subsequent
operation showing no observable performance deteriora-
tions as a result of the temperature extreme.
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3. Mission Anamolies
The camera anomalies experienced during the mission
are listed below. With the exception of the first item, all
anomalies were such as to be correctable with test and
calibration data.
. A mirror elevation potentiometer failed at + 17 deg.
The failure resulted in the loss of mirror elevation
telemetry and prevented the mirror from respond-
ing to elevation commands on an intermittent basis.
. Dirt particles were present in the camera optical
system prior to launch. These particles were imaged
by the camera prior to launch, thus providing a
calibration on their distribution. No additional par-
ticulate material was observed in post-landing
images. However, there is evidence of a change in
diffuse reflectivity of the mirror, suggesting a uni-
form layer of fine matter on the mirror surface.
. With a decrease in temperature of 79.7 °C (148.5°F),
the raster shifted left 1.5% and shifted down 1%;
horizontal size decreased 4%, and vertical size
decreased 6.5%.
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V. TRACKING AND DATA ACQUISITION SYSTEM
The Tracking and Data Acquisition (T&DA) System
for the Surveyor Project consists of facilities of the
AFETR, GSFC, and DSN. During Mission A operations,
many of the T&DA System stations encountered prob-
lems which could have rendered the conduct of space
flight operations difficult if Surveyor I had not made a
nominal flight.
A. Air Force Eastern Test Range
The AFETR performs T&DA supporting functions for
Surveyor missions during the countdown and launch
phase of flight.
The requirements for tracking and telemetry coverage
of Surveyor missions are classified as follows in accord-
ance with relative importance to successful mission
accomplishment:
Class I requirements reflect the minimum essential
needs to ensure accomplishment of first-
priority flight test objectives. These are
mandatory requirements which, if not met,
may result in a decision not to launch.
Class II requirements define the needs to accomplish
all stated flight test objectives.
Class III requirements define the ultimate in desired
support. Such support should enable the
range user to achieve the flight test objec-
tives earlier in the test program.
The AFETR prelaunch configuration is shown in
Table V-1. (Pretoria supported Mission A operations
Table V-1. AFETR prelaunch configuration
S-band
Station Radar VHF telemetry telemetry
Merritt Island
Cape Kennedy
Patrick AFB
Grand Bahama Island
Grand Turk
Antigua
General Arnold
Coastal Crusader
Sword Knot
Ascension
Pretorla
X
X
X
X
X
X
X
X
X
X
X
X
X.
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without commitment.) A major element in'the AFETR
configuration is the disposition of Range Instrumentation
Ships (RIS). Figure V-1 shows the planned RIS coverage
for Surveyor I launch day. (See Fig. II-4.)
Except in the case of S-band telemetry facilities,
AFETR preparations for Mission A were accomplished
by routine testing of individual facilities, followed by
several Operational Readiness Tests.
1
g
0 min
t
RIS 3
RIS 2 RISE-
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RIS 1 = GENERAL ARNOLD (21.5°N, 43125°W)
RIS 2 = COASTAL CRUSADER (17°N, 31°W)
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Fig. V-1. Preliminary instrumentation coverage for May 30, 1966
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In general, most Class I and Class II requirements
were met by AFETR for Surveyor Mission A.
1. Tracking (Metrle) Data
The AFETR tracks the C-band beacon of the Centaur
stage to provide metric data. This data is required during
intervals of time before and after separation of the space-
be used as a close approximation of the post-separation
spacecraft orbit. The Centaur orbit calculations are used
to provide DSN acquisition information (in-flight predicts).
Metric data needs were to be provided by the RIS
Arnold, located downrange from Antigua. Although the
Arnold was operating on a limited data commitment basis
(because of its being under engineering cognizance), it
was expected to provide data that would meet the
Class I requirement.
The following anomalies occurred during countdown:
.
2.
.
A noisy azimuth encoder in the Antigua radar.
Difficulty with slew checks of Antigua and Grand
Turk radars because of subcable noise (caused by
thunderstorms in the downrange area).
Loss of ranging capability by the General Arnold
at T -4 min. However, all other supporting instru-
mentation was "go," and it was decided to launch
without metric support from the General Arnold.
At T --2 hr, a blocking oscillator circuit card had
been replaced in Digital Tracker No. 1 (DT-1),
after which DT-1 performed satisfactorily in pre-
flight checks using a test video input. Postflight
investigation revealed that the output polarity of
the replacement card was incorrect, thus preventing
lock-on. DT-2 had failed prior to pickup of range
count and could not be repaired in time to support
the flight.
The coverage intervals that were provided during the
flight are shown in Figs. V-2 and V-3. As can be seen
from the difference between the top bar on Fig. V-2,
which shows the total expected coverage, and the bottom
bar, which shows the actual interval of data, the Class I
commitment was not met after Centaur MECO. MECO
occurred at 689 sec, 6 sec later than nominal. Antigua
loss of signal was expected to be at 729 sec, but actually
occurred at 690 sec.
There was no commitment for metric data beyond
Antigua.
The General Arnold radar was improperly phased at
transmitter turn-on and interfered with Antigua radar
operation, causing it to lose track at L +693 sec. This
radar was operated in an attempt to obtain recorded
angle data. The radar interference problem could have
been prevented by the correct use of AFETR radar
phasing procedures.
Range Safety plots were satisfactory. The plots showed
the vehicle to be nominal. Grand Turk radar and
Antigua radar did not meet their Range Safety commit-
ments. The Range Safety system was satisfied, however.
2. Atlas Centaur Telemetry (VHF)
Starting during the countdown, the AFETR contin-
uously receives and records Atlas (229.9-mc link) telem-
etry until Atlas Centaur separation and Centaur (225.7-me
link) telemetry until shortly after spacecraft separation.
Thereafter, Centaur telemetry is recorded as station
coverage permits until completion of the Centaur retro-
maneuver.
All Class I telemetry requirements were expected to
be met using the facilities of Cape Kennedy, Grand
Bahama Island, Antigna, RIS Arnold, RIS Coastal Cru-
sader, RIS Sword Knot, and Ascension. The coverage
plan indicated some gaps in providing continuous cov-
erage, but the requirement was only for coverage where
available. The three Range Instrumentation Ships were
to provide data on a limited commitment basis (since
they were still under engineering cognizance).
The VHF coverage versus that actually provided is
shown in Fig. V-4. Coverage was continuous from
T --4500 to L + 5940 sec, which is more than predicted.
However, since the Centaur stage was not roll-attitude-
stabilized, the expected coverages were based on a speci-
fied minimum db level at the antenna null. This uncertainty
in antenna gain, of course, could easily result in more or
less coverage than expected.
3. Surveyor Telemetry (S-Band)
The AFETR also receives and records Surveyor S-band
(2295-mc) telemetry after the spacecraft transmitter high
power is turned on until 15 min after injection.
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The S-band telemetry resources planned to meet this
requirement were the three Range Instrumentation Ships
and .30-ft S-band (TAA-3A) antenna systems loeated at
Antigua and Ascension.
All the primary S-band systems were to be used on a
limited commitment basis since they were still under
engineering control.
Confidence was fairly high in these systems because
the Sword Knot had successfully provided S-band cov-
erage for Centaur AC-8 launch and the Coastal Crusader
had provided S-band support for Pioneer. The General
Arnold, however, had not yet supported a live S-band
mission.
A 3-ft S-band antenna, with its associated downcon-
verter, receiver, etc., was in place at Ascension. This
system provided the S-band data from Ascension for the
previous Centaur launch and was used to back up the
TAA-3A antenna system. A similar back-up system was
provided at Antigua. In addition, the General Arnold
was to cover the early interval after turn-on of Surveyor
transmitter high power.
The TAA-3A antenna systems at Antigua and Ascen-
sion had failed to acquire data from two previous launch
vehicles (the most recent was AC-8) which carried
S-band systems. RF systems engineers had been dis-
patched to conduct a series of tests, the results of which
were analyzed to determine the cause of the problem
and required action or recommendations.
The TAA-:3A antennas, which occasioned so much
concern prior to launch, provided excellent flight support.
The interval that was received and recorded in flight is
shown in Fig. V-5. The top bar is a composite of all the
stations. Data was received and recorded from T --4500
to L +2:376 sec, with dropouts (or low-quality signals)
shown that occurred over the following intervals:
75-122 see
240--413
162,3-1671
1741-1796
2033-2290
The General Arnold did not record any data of usable
quality. There was a brief interval of receiver lock-up,
but no time-division-muhiplex lock was obtained. Post-
flight investigation revealed a connector with a bent
center pin in the coaxial line from the antenna assembly
to the preamplifiers.
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4. Surveyor Real-Time Data
The AFETR also retransmits Surveyor data (VHF or
S-Band) to Building AO, Cape Kennedy, for display and
for retransmission to the SFOF. In addition, downrange
stations monitor specific channels and report events via
voice communication.
For Mission A existing hardware and software facili-
ties were utilized to meet the real-time data requirements.
The S-band facilities participated in the Operational
Readiness Tests to demonstrate capability to process and
retransmit data. The General Arnold was the only station
that did not perform satisfactorily in these tests. The
General Arnold S-band capabilities were unknown, and
the tests provided only a measure of ability to retransmit
spacecraft telemetry data from a magnetic tape provided
by JPL. Because of equipment problems, there were only
two tests in which telemetry data retransmission from the
General Arnold was good. Furthermore, during one of
those tests, it was necessary to hold for approximately
5 hr before the General Ar_u)hl was able to transmit
data at all.
The other AFETR stations performed satisfactorily in
the tests. It should he remembered that the tests did not
demonstrate station ability to acquire an S-band signal.
However, with the exception of Antigua and the General
Arnold, the other AFETR stations which were to par-
ticipate in the launch had some S-band experience.
During the countdown, difficulty was encountered in
establishing adequate RF communications paths for re-
transmission of data from Range Instrumentation Ships
and Ascension.
Surt;eyor real-time coverage for Mission A is shown in
Fig. V-6. The top bar shows the spacecraft data trans-
mitted in real-time to Building AO. Data were transmitted
until T + 2376 sec, with gaps shown as listed below:
Poor quality
Dropouts (> l in 10:'bit error rate)
606-621 sec 1498-1514 sec
662--685 1534-1555
765-788 1619-2119
941-1000 2319-2376
2119-2319
Neither the General Arnold nor the Coastal Crusader
transmitted any data.
There was also a requirement to retransmit Centaur
stage VHF link data to Cape Kennedy from Antigna and
Grand Bahama. This requirement was not met at Antigua
owing to an operator patching error, but because of the
overlapping coverage given from Grand Bahama, only
84 sec of data were lost.
5. Real-Time Computer Services
The required real-time computer system services were
to be met in a routine manner by the existing facilities
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of the real-time computer system. Although no problems
occurred in this area, the computer was unable to com-
pute a meaningful orbit until Ascension data were avail-
able. Ascension rise occurred after the start of the
retromaneuver. An orbit was then computed from Ascen-
sion data, and DSS 51 predicts based on this orbit were
generated.
The AFETR generated the DSS 72 predicts, and the
interrange vector (IRV) message was transmitted to the
DSS. Considering the limited metric data available, the
real-time computer system met requirements well.
B. Goddard $poce F|ight Center
The Manned Space Flight Network (MSFN), managed
by GSFC, supports Sttrveyor missions by performing the
following functions:
1. Tracking of the Centaur beacon (C-band) for ap-
proximately 3.5 hr.
2. Receiving and recording telemetry of the Centanr
links from Bermuda acquisition of signal until loss
of signal at Kano.
3. Providing real-time confirmation of certain "mark"
events (see Appendix A).
4. Providing real-time reformatting of Carnarvon radar
data at the GSFC from the Carnarvon hexidecimal
system to the 38-character octal format and retrans-
mitting these data to the RTCF at the AFETR.
5. Providing NASCOM support to all NASA elements
for simulations and launch and extending this com-
munications support as necessary to interface with
the combined worldwide network.
The GSFC supported Mission A with the equipment
indicated in Table V-2.
Mission A simulation tests of the GSFC support facil-
ities were conducted on May 16 and 23, 1966, in accord-
ance with the Network Operations Plan. The MSFN and
all of its interfacing elements were "go" at liftoff except
for the Carnarvon radar, which reported parametric
amplifier problems. Carnarvon, however, anticipated that
this wonld not affect their support.
l. Acquisition Aids
Bermuda, Canary Island, and Kano are equipped
with acquisition aids to track the vehicle and provide
RF inputs to the telemetry receivers. Performance re-
corders are used to record AGC and angle errors for
postmission analysis. The acquisition aids provide telem-
etry RF inputs from Bermuda acquisition of signal
through loss of signal at Kano. All MSFN acquisition aid
systems performed their required functions. There were
no equipment failures and no discrepancies during the
operation.
Acquisition aid coverage was good at Bermuda and
Canary Island, where the vehicle was in range, and poor
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Table V-2. GSFC Network configuration
Radar Real-time
Location Acquisition Telemetry C-band radar SCAMA Telemetry high-speed data readouts
X XBermuda
Canary Island
Kano
Carnarvon
GSFC
Cape Kennedy
X
X
X
X
X
X
X
X
X
X
X
X
X
at Kano and Carnarvon, where excessive range was en-
countered. Autotrack was not attempted at any of the
MSFN stations because o£ low elevation angles.
Nominal pointing data generated by GSFC computers
was supplied to Carnarvon only, since the data did not
contain view times for Canary Island and Kano. During
the minus count, GSFC computers generated and fur-
nished pointing data to Canary Island, Kano, and
Carnarvon. This pointing data was not valid, since it
was generated for an 84-deg launch azimuth and the
actual launch azimuth was 102.285 deg. Real-time acqui-
sition messages were sent to Carnarvon only. These
messages were furnished by RTCS computers and trans-
mitted late in the pass.
At Carnarvon, acquisition was reported, but later indi-
cations received by the Carnarvon radar proved that
this signal was in fact spurious. With the exception of
the invalid pointing data, low elevation angles, and ex-
cessive range, overall performance was considered good.
2. Telemetry Data
Bermuda, Canary Island, and Kano were also equipped
to decommutate, receive, and record telemetry. Capabil-
ity for coverage was provided from Bermuda acquisition
of signal through loss of signal at Kano. "Mark event"
(see Appendix A) readouts were required from all sta-
tions in real-time or in as near real-time as possible when
the vehicle was in view of a station.
MSFN telemetry support was well performed. There
were no equipment failures or discrepancies during the
operation. Bermuda was required to confirm Mark
Events 6 through 11 on the Centaur link. The fact that
Mark Events 8 through 11 were not confirmed was due
to loss of signal not station malfunctions. The only prob-
lem encountered at Bermuda was in the decommutation
of commutated channel 9 on the Centaur link (RSC/AGC
voltages) due to degradation by RF link noise. Except
for the decommutation problem, telemetry coverage at
Bermuda was considered good.
Canary Island was required to confirm Mark Events 17
through 19. Mark Event 17 was not confirmed because
the event occurred prior to Canary Island acquisition of
signal, while Mark Events 18 and 19 were confirmed
as required. Mark Event 17 could have been lost because
of the invalid pointing data received at Canary Island.
Canary Island reported that decommutator lock-up was
not accomplished in time to confirm Mark Event 18 in
real-time due to a polarity problem in the channel wave
train.
Except for the polarity problem, telemetry coverage
at Canary Island was considered good.
Kano was required to confirm Mark Events 17 through
19 on the Centaur link. None of these mark events was
confirmed. Because of the launch azimuth, the vehicle
passed far south of Kano, at an extreme range which
altered the anticipated view time considerably. Maxi-
mum signal strength was low, and therefore neither
decommutation lock-on nor valid data were obtained.
Although no equipment problems were encountered,
telemetry coverage at Kano was considered poor.
3. Tracking Data (C-Band)
Bermuda provided radar beacon tracking, magnetic
tape recording (at a minimum of 10 points/sec), and real-
time data transmission to GSFC and AFETR. Carnarvon
did not provide usable data owing to the problems out-
lined in Section 1 above.
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4. Computer Support
The GSFC Data Operations Branch provided com-
puter support during the prelaunch, launch, and orbital
phases of the mission, but performance in this area was
poor. Because of erroneous computer input, the nominal
pointing data generated did not include view times for
Canary Island and Kano. New pointing data was gen-
erated for an 84-deg launch azimuth; but the launch
azimuth was 102.285 deg, and it was then too late to
generate corresponding pointing data. The postlaunch
data requested by I__RC was supplied late because of
conflicts with Gemini commitments at that time.
5. Data Handling and Ground Communications
Data was provided by MSFN stations at Bermuda,
Canary Island, Kano, and Carnarvon in accordance with
the requirements of the Network Operations Plan. Kano
failed to record the 100-kc reference on telemetry tape.
Otherwise, the supporting stations recorded and shipped
data within acceptable time frames and in good condition.
Existing NASCOM and DOD Network facility voice
and teletype circuits provided ground communications
to all participating stations.
C. Deep Space Network
The DSN supports Surveyor missions with the inte-
grated facilities of the Deep Space Instrumentation
Facility (DSIF), the Ground Communication System
(GCS), and the DSN facilities in the Space Flight Oper-
ations Facility (SFOF).
1. The DSIF
The following Deep Space Stations, all having 85-ft
antennas, were committed as prime stations for the sup-
port of Mission A.
DSS 11
DSS 42
DSS 51
Pioneer, Goldstone DSCC, Barstow, Califor-
nia (Fig. V-7)
Tidbinbilla, Australia (near Canberra)
Johannesburg, South Africa
These prime stations were committed to provide track-
ing coverage on a 24-hr/day basis, from launch to lunar
landing, and for the first lunar day and night. For suc-
ceeding lunar days and nights, the commitment was for
24-hr/earth day coverage during the first three and last
two earth days and for 10-hr/earth day in between.
In addition to the basic support provided by prime
stations, the following facilities support was provided
for Mission A:
1. DSS 71, Cape Kennedy, was committed to support
RF compatibility tests with Surveyor I on the
launch pad.
2. DSS 61, Madrid DSCC, and DSS 72 were imple-
..... J 4-..._1. R_ ,_,-,;,,_ori,_ hn_i_ hut werelll_llt_U to ua_a on
not committed to provide Mission A support.
3. Facilities support was provided for mission-
dependent equipment, including space for CDC's
at all prime stations and for the TVGDHS at DSS 11,
Goldstone DSCC. (The mission-dependent equip-
ment is described in Section VI.)
4. Maintenance and operation was provided for all
mission-independent equipment. Logistic and spares
support was provided for mission-dependent equip-
ment.
Data is handled by the prime DSIF stations as follows:
1. Tracking data, consisting of antenna pointing angles
and doppler (radial velocity) data, is supplied in
near-real-time via teletype to the SFOF and post-
flight in the form of punched paper tape. Two-way
and three-way doppler data is supplied full-time
during the lunar flight, and also during lunar oper-
ations at Surveyor Project Office request. The two-
way doppler function implies a transmit capability
at the prime stations.
2. Spacecraft telemetry data is received and recorded
on magnetic tape. Baseband telemetry data is sup-
plied to the Command and Data Handling Console
(CDC) for decommutation and real-time readout. The
DSIF also performs precommunication processing
of the decommutated data, using an on-site data
processing (OSDP) computer. The data is then
transmitted to the SFOF in near-real-time, using
high-speed data modems.
3. Video data is received and recorded on magnetic
tape. This data is sent to the CDC, and, at DSS 11,
Goldstone DSCC, only, to the TV Ground Data
Handling System (TVGDHS; TV-11) for photo-
graphic recording. In addition, video data from
DSS 11 is sent in real-time to the SFOF for mag-
netic and photographic recording by the TVGDHS
(TV-1).
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a 
Fig. V-7. DSS 1 1 ,  Goldstone DSCC, Master Station of the DSlF 
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After lunar landing, DSS 11 performs a special
function. Two receivers are used for different func-
tions. One provides a signal to the CDC, the other
to the TVGDHS. (Signals for the latter system
are the prime Surveyor Project requirement during
this phase of a mission.)
4. Command transmission is another function provided
by the DSIF. Approximately 280 commands to the
spacecraft are made during the nominal sequence
from launch to touchdown. Confirmation of the
commands sent is processed by the OSDP computer
and transmitted by teletype to the SFOF.
The characteristics for the S-band and L/S-band an-
tenna systems are given in Table C-3.
Table V-3. Characteristics for S-Band and L/S-Band antenna systems
Station configuration GSDS S-band L/S conversion
Antenna
Tracking
Mount
Beamwldth _-_-3 db
Gain, receiving
Gain, transmitting
Feed
Polarization
Max. Angle
tracking rate*
Max. angular
acceleration
Tracking
accuracy (lo')
Antenna
Acquisition
Gain, receiving
Gain, transmitting
Beamwidth
-+-3 db
Polarization
Receiver
Typical system
temperature
With paramp
With maser
Loop noise
bandwidth
Threshold (2Bs_0)
Strong signal
(2BL0)
Frequency
(nominal)
Frequency channel
85-ft parabolic
Polar (HA-Dec)
_0.4 deg
53.0 db, -{-1.0, --0.5
51.0db, q- 1.0, --0.5
Cassegrain
LH* * or RH circular
51 deg/min ----
0.85 deg/sec
5.0 deg/sec/sec
O.14d_
2 X 2-ft horn
21.0 db -----1.0
20.0 db-----2.0
_16 deg
RH circular
S-bond
270 -t-50* K
55 -!---10*K
12, 48 or 152 cps
+0, -10%
120, 255, or 550 cps
÷0, --10%
2295 mc
14 amp
Station configuration GSDS S-band L/S conversion
Transmitter
85-ft parabolic characteristics
Polar (HA-Dec) Frequency
_0.4 deg (nominal)
53.0 db, -t- 1.0, --0.5 Frequency channel
51.0db, -J-1.0, --0.5 Power, max.
Cassegraln Tuning range
RH circular
Modulator, phase
51 deg/mln = Input impedance
0.85 deg/sec Input voltage
5.0 deg/sec/sec Frequency
response (3 db)
0.14 deg Sensitivity at
carrier
Output frequency
Peak deviation
2 X 2-ft horn
Modulation
21.0 db -+-1.0
deviation
20.0 db -_2.0
Stability
_16 deg
Rubidium standard
RH circular Stability,
short-term (I o)
S-band Stability,
long-term (1(7)
-- Doppler accuracy
270 -----50*K at Fr_ (io.)
55 "+-100 K
Data transmission,
teletype
Anglesi
12, 48 or 152 cps Doppler
Telemetry+0, -10%
120, 255, or 550 cps Command and
q'-0, -- 10% data handling
Console (CDC)
Channel two
2295 mc Discriminator
Command
! 4 amp capability
"Both axes.
**Goldstane only.
DSS 72 30-ft Az-EI Ant characteristics differ from 85-ft
HA-Dec Ants.
2113 mc
14b
10 kw
"+-100 kc
>50
<2.5 v peak
DC to 100 kc
1.0 rad peok/v peak
2.5 rad peak
--+5%
Yes
1 X 10 -,a
5X 10 t'
0.2 cps = 0.03 m/sec
Near-real-tlme
Near-real-tlme
N/A
Yes
N/A
2113 mc
14b
10 kw
-_- 1 O0 kc
_>5O
2.5 v peak
DC to 100 kc
1.0 rod peak/v peak
2.5 rad peak
5 X 10-"
0.2 cps : 0.03 m/see
Near-real-time
Near-real-time
NIA
Yes
N/A
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The angle tracking parameters for all stations are as
follows:
1. Maximum angle tracking
rate (both axes) ........ 51 deg/min =0.85 deg/sec
2. Maximum angular accel-
eration ............... 5.0 deg/sec/sec
3. Tracking accuracy (one
standard deviation) .... _r = 0.14 deg
4. The system doppler
tracking accuracy at the
reeeiver carrier fre-
queney for one standard
deviation ............. 0.2 cps = 0.03 m/see
The maximum doppler
tracking rate depends on
the loop noise band-
width, and for phase
error of 30 deg and
strong signal ( - 100 dbm)
it is as follows:
Loop noise Maximum tracking
bandwidth, rate,
cps cps/sec
12 100
48 920
152 5000
The receiver characteristics for S-band and L/S-band
stations are as follows:
1. Noise temperature. The total effective system noise
temperature including circuit losses when looking
at or near the galactic pole is:
Traveling-wave masers, 55 ± 10°K
Parametric amplifier, 270 -4- 50°K
2. Loop noise bandwidth. The closed-loop noise band-
width for various signal conditions is:
Threshold 2Bt,,,, 12, 48, or 152 cps +0%
- 20%
Strong signals 2B_, 132, 274 or 518 cps +0%
--20%
3. Threshold. Carrier lock will be maintained with an
rms phase error due to noise of less than 30 deg
when the ratio of carrier power to noise power in
the closed-loop noise bandwidth is 6 db or greater.
Owing to the nature of the operation of the phase-
lock loop, this condition requires the carrier power
at the receiver input to be 9 db greater than the
value at threshold, which is defined as a carrier-to-
noise power ratio of zero db in the threshold loop
noise bandwidth 2BL,,.
a. DSIF preparation testing. The Surveyor Project
Mission A Test Plan for the three prime stations is shown
in Table V-4. Three series of tests (A, B, and C) are in-
cluded in this plan. These tests as well as other tests
required for Mission A are described below:
1. A-Tests. These are facility preparation and training
tests which are scheduled and conducted individu-
ally by each station (there is no GCS or SFOF par-
ticipation). All prime stations completed a full
sequence of A-Tests.
Table V-4. Mission A Test Plan summary
for DSS 11, 42, and 51
Test
Hours
required
Week
test
conducted
11966)
DSS 11
Engineering Verification
Operations Verification
SFOF/DSIF Compatibility and
TV System
Lunar Sequence Testing
SFOF/DSIF Compatibility and,
TV System
SFOF/DSIF Operational Test
Engineering Verification
SFOS Integration
SFOS Integration
SFOS Operational Readiness
DSS 42
Engineering Verification
Operations Verification
SFOF/DSIF Compatibility
SFOF/DSIF Operational Test
Engineering Verification
SFOS Integration
SFOS Integration
SFOS Operational Readiness
DSS 51
Engineering Verification
Operations Verification
SFOF/DSIF Compatibility
SFOF/DSIF Operational Test
Engineering Verification
SFOF/DSIF Operational Test
SFOS Integration
SFOS Integration
SFOS Operational Readiness
B-I.1
B-3.0
C-I.1
B-1.1
B-3.0
C-1.1
C-3.0
C-3.0
C-5.0
B-1.3
C-1.3
C-3.0
C-3.0
C-5.0
B-1.2
C-1.2
C-1.2
C-3.0
C-3.0
C-5.0
10
20
35
20
35
19
4O
2O
20
20
10
20
26
16
40
12
12
12
10
20
25
18
40
18
13
13
13
1-31
1-31
2-7
2-14
3-28
4-4
4-25
5-2
5-9
5-16
5-23
1-24
1-24
1-31
5-2
4-25
5-9
5-16
5-23
1-17
1-17
1-24
4-11
5-2
4-18
5-9
5-16
5-23
1OO
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. B-Tests. These are functional compatibility tests
designed to ensure that ground-based facilities are
capable of processing telemetry data (and video
data at DSS 11, Goldstone DSCC, only) as received
from the spacecraft. Command capability is also
verified in all configurations and modes of operation.
During these tests, data is sent from the prime
stations to the SFOF for processing, and full mission
suppo_ in thc SFOF is usually required,
Many last-minute change requests were received
from the Project Oflqce after completion of the
B-Tests. These changes were accommodated to the
maximum extent possible, and all changes which the
Project Office designated as "Mission critical" were
accomplished. On launch day, the DSN was ready
to support the Surveyor Mission A. But in the period
between the preflight review (May 4, 1966) and
launch there were some unforeseen developments.
The most significant of these, in terms of effect on
pre-mission preparation, was an electrical fire in the
basement of the SFOF on Friday, May 18, 1966.
Recovery actions included rewiring of the power
circuits (Fig. V-8) and cleanup and checkout of the
computers to ensure that they were fully operational.
The net effect on pre-mission preparation was that
two integration tests were cancelled. (One of these
tests was rescheduled and performed six days after
it was originally scheduled.)
8. C-Tests. These are operational tests to verify that all
prime stations, communications, and the SFOF are
fully prepared to meet Mission responsibility. Se-
lected portions of the Sequence of Events are fol-
lowed rigidly, using both standard and nonstandard
procedures.
DSS 11, 42, and 51 participated in the Operational
Readiness Test (ORT), C-5.0, which was conducted
during the week prior to launch. In addition, DSS 61
and 72 participated in the ORT for engineering
practice. An evaluation of station and net control
support during the ORT indicated the readiness of
the T&DA System.
4. Training Station Tests. The Surveyor Project had no
pending requirements for any of the DSIF training
stations, provided Mission A was launched during
the May/June window. As a result, no B- or C-Tests
were scheduled for these stations by the Surveyor
Project. However, A-Tests were scheduled for
DSS 61 (during the week of April 25) and for DSS 72
(during the week of May 2).
5. T-21 Compatibility and Training Tests. Compati-
bility tests were run between the test spacecraft
SOUTHERN
CALIFORNIA
EDISON
COMPANY
__ JPL
SUBSGI_TION
['_OF
I
I
I
I
I
swITCH GEAR
0-----0
OT 'll
'65'vlI'v
FRE_. ,, ,,
(_ T-5 _'_ :_ ........... ,_ AFTERFIRE I **ST
 ,STR BUTORJ.............1 . C- S I
WEST WING
UTILITIES
)
W-STRING AIR-CONDITIONING XS=Y STRINGS COMMUN_ATION
UTILITY LOADS EMERGENCY PROCESSOR
LIGHTING, ALL SURVEYOR
ELECTRONICS TVGDHS
Fig. V-8. SFOF power system rewiring
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(T-21) and DSS 71 in July 1965 at AFETR. Com-
patibility was demonstrated in a gross way, and an
anomaly found between the STEA and DSS fre-
quency measurements was corrected.
A series of tests between the T-21 spacecraft and
DSS 11, Goldstone DSCC, was conducted beginning
in August 1965. These tests involved the T-21,
DSS 11, the CDC, and the SFOF, and established
mutual compatibility between all of these elements
of the network. The tests included RF tests, com-
mand tests, and telemetry tests and were completed
in October 1965.
Another series of T-21 tests began at Goldstone
DSCC in March 1966 for training of operator crews
for DSS 61 and DSS 72. T-21 was also used for
SSAC/SPAC lunar sequence training and as a data
source for B- and C-Tests.
, Surveyor On-Site Computer Program Integration
Tests. These tests were designed to check out the
Surveyor on-site computer program (SOCP) and to
verify that data can be transmitted from a DSIF
station to the SFOF and be processed there. Such
tests were run on a regular basis with each prime
station (DSS 11, 42, and 51). These tests were con-
cluded with a checkout of the final Mission A
version of the SCOP program in April 1966.
b. DSIF flight support. All of the DSIF prime and
engineering practice stations reported "go" status during
the countdown. All measured station parameters were
within nominal performance specifications and commu-
nications circuits were up.
Figure V-9 is a profile of the DSIF mission activity up
to lunar touchdown. This figure contains the periods
DSS 51
DSS 72
DSS 42
DSS 61
DSSI4
DSS II
I
15 6
2:28
3:47. 11:53 _[_ I
I "i '
0 6 12 18 24.
24:19 36:19 48:38 60:30 I
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28:25 36:33
E
35:44
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30 36 42 48
TIMES FROM LAUNCH, hr
Fig. V-9. Station view periods
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The signal levels received at the prime stations are
shown in Fig. V-10. They compare favorably with the
predicted values. A 2-db discrepancy between the re-
ported levels from DSS 11, Goldstone DSCC, and the
other stations is apparent. This data is compiled from
the tracking and post-tracking reports and is therefore
not continuous, but it is probably sufficient to indicate
performance in general.
Table V-5 shows the DSIF tracking passes for the
Mission. Table V-6 is a tabulation of commands trans-
mitted by the prime stations during each spacecraft pass.
Throughout the mission, from launch through touch-
down to the end of the first lunar day, all stations
remained within performance specifications except where
significant anomalies caused the complete shutdown of
the equipment affected. The anomalies encountered dur-
ing Mission A are shown in Table V-7.
TERMINAL MANEUVER _ ;TOUCHDOWNI t
1800 0000 0600 1200
JUNE 2
During the critical touchdown sequence, both DSS 11,
Goldstone DSCC, receivers remained in lock, using loop
bandwidths of 152 and 12 cps, respectively. The role of
the DSN after touchdown is well portrayed by its support
of the TV effort, as shown in Table V-8.
Table V-5. DSIF tracking passes
DSS station
Pass
11 14 42 51 61 71 72
o x[:] x[:]1 X X X X
2 X X X X X
3 X X X X
4 X X X
5 X X X
6 X X X
7 X X X
8 X X X
9 X X X
10 X X X
11 X X X X
12 X X X X
13 X X X X
14 X X X X
15 X X X
16 X X X
17 X X
Totals 1 7 3 1 7 17 4 I 3
[ ] Indicates one continuous poss.
18OO
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Table V-6. Commands transmitted by prime tracking stations
(not including second lunar day operations)
Pass No.
3
4
5
6
7
8
9
10
11
12
13
14
15
16
17
Date (1 966 GMT)
May 30/31
May 31/
June 1
June 1/2
June 3
June 3/4
June 4/5
June 5/6
June 6/7
June 7/8
June 8/9
June 9/10
June 10/11
June 11/12
June 13
June 14/15
June 15/16
June 16
Event
Midcourse commands sent by DSS 11
Soft landing, 06:1 7:37 GMT (June 2)
Lunar noon, 06:17 GMT (June 7)
Start lunar night, 15:12 GMT (June 14)
Spacecraft power turned off by DSS 11,
16/20:31:00 GMT
Station Total
Grand Total
DSS 51
77
10
11
30
60
5
20
1656
30
20
15
22
237
64
25
73
80
2435
Commands transmitted
DSS 11
84
8
56
4833
1080
4372
7876
9345
3158
4000
12,000
10,100
10,611
7614
5000
96
100
80,333
86,177
Note: Of86,177commandstransm|tted, only one(sequence 0316)wasrejected bythespacecraft.
DSS 42
3
26
590
6
680
988
300
67
18
15
17
71
35
444
109
30
N/A
3399
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The DSIF provided the required tracking and telem-
etry coverage 24 hr/day, from L + 21 rain, acquisition,
through the flight and lunar operations, until spacecraft
shutdown on June 16, 1966. Some major hardware prob-
lems occurred, such as doppler and transmitter problems
at DSS 11, Goldstone DSCC, but the system had enough
redundancy so that the overall performance of the DSIF
was not seriously degraded.
DSIF operator training and documentation were ex-
cellent.
2. CCS/NASCOM
For Surveyor missions, the GCS transmits tracking,
telemetry, and command data from the DSIF to the
SFOF and control and command functions from the
SFOF to the DSIF by means of NASCOM facilities. It
also transmits simulated tracking data to the DSIF and
video data and base-band telemetry from DSS 11, Gold-
stone DSCC, to the SFOF. The general arrangement of
the links involved in the system is shown in Fig. V-11.
The types and quantities of lines used are:
1. Teletype (four lines available): to all prime sites for
tracking data, telemetry, commands, and administra-
tive traffic.
2. Voice (one line available): to be shared between
the DSIF and Surveyor Project for administrative
and control functions.
:3. High speed data (one line available): from each site
to the SFOF for telemetry data transmission in
real-time.
Table V-8. TV pictures made by commands from prime tracking stations
(not including second lunar day operations}
Pass No.
4
5
6
7
8
9
!0
11
12
13
14
15
16
17
Date 11966 GMT)
June 2
June 3
June 3/4
June 4/5
June 5/6
June 6/7
June 7/8
June 8/9
June 9/10
June 10/1|
June !1/12
June 13
June 14/15
June 15/16
June 16
Event
Soft landing 06:17:37 GMT (June 2)
Lunar noon, 06:17 GMT (June 7)
Start lunar night, 15:12 GMT (June 14)
Spacecraft power turned off by DSS I 1
20:31:00 GMT (June 161
Station Total --_
Grand Total --->
DSS 51
Number of TV pictures
DSS 11
145
13
(incl 13
200-line)
B63
3 395
646
867
1048
1759
1373
I 363
1321
520* "
3 10,300
10,316
DSS 42
(incl 13
263"
13
*Received during DSS 11 transmission and DSS 11/42 mutual view period.
**Last picture was of Pad 2 by earth light {after lunar sunset). Exposure was f4.0 at 4 rain.
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4. Wideband microwave to DSS 11, Goldstone DSCC:
two 6-Mc lines for video to the SFOF, and one duplex
96-kc line.
The GCS provided all required support for Mission A.
New communications procedures requested by Surveyor
Project Office were successfully implemented.
3. DSN in SFOF
The DSN provides a data processing system (DPS) in
the SFOF which performs the following functions for
Surveyor missions:
1. Computation of acquisition predictions for DSIF
stations (antenna pointing angles and receiver and
transmitter frequencies).
2. Orbit determinations.
8. Midcourse maneuver computations and analysis.
4. On-line telemetry processing.
5. Command tape generation.
6. Simulated data generation (telemetry and tracking
data).
The general configuration of the DPS for the Sur-
veyor A Mission is shown in Fig. V-12.
Mission control facilities are also provided in the SFOF
as follows:
1. Space in mission-dependent and mission-independent
areas. Mission Control Room No. 1 and Mission
Support Area No. 1, which includes the Spacecraft
Performance Area and the Space Science Area, are
devoted exclusively to Mission A support. Flight
Path Analysis Area No. 1 is a shared area which
Mission A has exclusive use of during the flight.
Common user areas supporting Mission A include
DSIF Net Control, the Data Processing Area, and
the Communications Center.
TTY
TTY DATA
CHANNEL 12
CCC
7288
DATA
CHANNELS CHANNEL
CONNECT ION
I
IIIIIIII
MODE
2
3
4
I/0 OR USER AREA
EQUIPMENT
; 1
I
I BULK [ 30
IPRINTERS L_
INQUIRY
Fig. V-12. General configuration of $FOF data processing system
108
IPL TECHNICAL REPORT NO. 32-1023
2. SFOF Internal Communications, including the Op-
erational Voice Communications System (voice nets),
closed circuit television, and internal teletype
distribution.
3. Support, including operation of display devices, data
distribution in the facility, supervision of access
control, and building housekeeping functions.
4. Mission-dependent equipment space and facility
support is provided for the TVGDHS (located in the
west wing of the second floor of the SFOF).
The Data Processing System performed in a nominal
manner with only minor hardware problems which did
not detract from Mission A support.
4. DSN/AFETR Interface
This interface is supplied by the DSN to provide real-
time transmission of down-range spacecraft telemetry
data from Building AO at AFETR to the SFOF. The
DSN is also responsible for the Range meeting the re-
quirements for S-band telemetry coverage.
The DSN provides an interface for both VHF and
S-band downrange telemetry. The nominal switchover
time is after the spacecraft S-band transmitter is turned
to high-power. The interface with the Surveyor Project
is at _-_ :...... t_ rnc_ in Hangar AI3 Th_ o, tput
of the CDC is then interfaced with the Ground Com-
munications System for transmission to the SFOF. It is
also possible to go directly from the Range data output
to the GCS, bypassing the CDC.
This real-time telemetry transmission interface per-
formed quite well. Good data was received at the SFOF
at all times that good data was received in Hangar AO
at AFETR.
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Vi. MISSION OPERATIONS SYSTEM
A. Functions and Organization
The basic functions of the Mission Operations System
(MOS) are the following:
1. Continual assessment and evaluation of mission sta-
tus and performance, utilizing the tracking and
telemetry data received and processed.
2. Determinaion and implementation of appropriate
command sequences required to maintain spacecraft
control and to carry out desired spacecraft opera-
tions during transit and on the lunar surface.
The Surr_eyor command system philosophy introduces
a major change in the concept of unmanned spacecraft
control: virtually all in-flight and lunar operations of the
spacecraft must be initiated from earth. In previous
space missions, spacecraft were directed by a minimum
of earth-based commands. Most in-flight functions of
those spacecraft were automatically controlled by an
on-board sequencer which stored preprogrammed in-
structions. These instructions were initiated by either an
on-board timer or by single direct commands from earth.
For example, during the Ranger VIII 67-hr mission, only
11 commands were sent to the spacecraft; whereas for a
standard Surt_eyor mission, approximately 280 commands
must be sent to the spacecraft during the transit phase,
out of a command vocabulary of 256 different direct
commands. For Surveyor Mission A, 288 commands were
sent during transit and over 100,000 commands were sent
following touchdown.
Throughout the space-flight operations of each Surveyor
mission, the command link between earth and spacecraft
is in continuous use, transmitting either fill-in or real
commands every 0.5 see. The Surveyor commands are
controlled from the SFOF and are transmitted to the
spacecraft by a DSIF station.
The equipment utilized to perform MOS functions falls
into two categories: mission-independent and mission-
dependent equipment. The former is composed chiefly of
the Surtzeyor T&DA system equipment and has been
described in Section V. It is referred to as mission-
independent because it is general-purpose equipment
which can be utilized by more than one NASA project
when used with the appropriate project computer pro-
grams. Selected parts of this equipment have been as-
signed to perform the functions necessary to the Surveyor
Project. The mission-dependent equipment (described in
Section VI-B, following) consists of special equipment
which has been installed at DSN facilities for specific
functions peculiar to the project.
The Surveyor Project Manager, in his capacity as
Mission Director, is in full charge of all mission opera-
tions. The Mission Director is aided by the Assistant
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Mission Director and a staff of mission advisors. During
the mission, the MOS organization is as shown in Fig.
VI-1.
Mission operations are under the immediate, primary
control of the Space Flight Operations Director (SFOD)
and supporting Surveyor personnel. Other members of
the team are the T&DA personnel who perform services
for the Surveyor Project.
During space-flight and lunar surface operations, all
commands are issued by the SFOD or his specifically dele-
gated authority. Three groups of specialists provide
technical support to the SFOD. These groups are special-
ists in the flight path, spacecraft performance, and scien-
tific experiments, respectively.
1. Flight Path Analysis and Command Group
The Flight Path Analysis and Command (FPAC) group
handles those space-flight functions that relate to the
location of the spacecraft. The FPAC Director maintains
control of the activities of the group and makes specific
recommendations for maneuvers to the SFOD in accord-
ance with tile flight plan. In making these recommenda-
tions, the FPAC Director relies on five subgroups of
specialists within the FPAC Group.
1. The Trajectory Prediction Group (TPG) determines
the nominal conditions of spacecraft injection and
TBDA
MANAGER
FOR
SURVEYOR*
I
DSN
PROJECT
ENGINEER*
I
I
I
I *P--_
I I
I ! I -
ENGINEER*
* MISSION - I NDEPENDENT
MISSION
DIRECTOR
ASSISTANT
MISSION
DIRECTOR
SFOD
-- ___ MISSION
ADVISORS
ASFOD
i
DATA
PROCESSING
PROJECT
ENGINEER
I
L
DATA
CHIEF*i
DPS
OPERATORS*
TPS
OPERATORS*
FPAC
DIRECTOR
TPG
TDA
GROUP
ODG
MAC
CS
GROUP
I
J SPAC
DIRECTOR
qc.GROUP
ECPO
GROUP
SCAT
I SSACDIRECTOR
TELPAC
TSAC
'_SCTV-GDHS
DSIF
I
I
I
I
I
DSIF ]
OPERATIONS I
PLANNING I
PROJECT
ENGINEER*
[
SOC
I
CDC
CREW
DSIF
STATION
MANAGER "W"
pCI_)G_NR_I_I!_ R ] ScTV!GDHS
DSIF
EQUIPMENT
OPE RATORS*
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generates lunar encounter conditions based on injec-
tion conditions as reported by AFETR and com-
puted from tracking data by the Orbit Determination
Group. The actual trajectory determinations are
made by computer.
2. The Tracking Data Analysis (TDA) group makes a
quantitative and descriptive evaluation of tracking
data received from the DSIF stations. The TDA
group provides 24-hr/day monitoring of mcoming
tracking data. To perform these functions the TDA
group takes advantage of the Data Processing System
(DPS) and of computer programs generated for their
use. The TDA acts as direct liaison between the
data users (the orbit determination group) and the
DSIF and provides predicts to the DSIF.
3. The Orbit Determination Group (ODG), during
mission operations, determines the actual orbit of
the spacecraft by processing the tracking data re-
ceived from the DSN tracking stations by way of the
TDA group. Also, statistics on various parameters
are generated so that maneuver situations can be
evaluated. The ODG generates tracking predictions
for the DSIF stations and recomputes the orbit of
the spacecraft after maneuvers to determine the
success of the maneuver.
4. The Maneuver Analysis Group (MAG) is the sub-
group of FPAC responsible for describing possible
midcourse and terminal maneuvers for both stan-
dard and nonstandard missions in real-time during
the actual flight. In addition, once the decision has
been made as to what maneuver should be per-
formed, the MAG generates the proper spacecraft
commands to effect these maneuvers. These com-
mands are then relayed to the Spacecraft Perform-
ance Analysis and Command Group to be included
with other spacecraft commands. Once the com-
mand message has been generated, the MAG must
verify that the calculated commands are correct.
5. The Computing Support Group acts in a service
capacity to the other FPAC subgroups, and is re-
sponsible for ensuring that all computer programs
used in space operations are fully checked out before
mission operations begin and that optimum use is
made of the Data Processing System facilities.
2. Spacecraft Performance Analysis and
Command Group
The Spacecraft Performance Analysis and Command
(SPAC) Group, operating under the SPAC Director, is
basically responsible for the operation of the spacecraft
itself. The SPAC Group is divided into three subgroups:
1. The Performance Analysis (PA) group monitors
incoming engineering data telemetered from the
spacecraft, determines the status of the spacecraft,
and maintains spacecraft status displays throughout
the mission. The PA group also determines the results
of all commands sent to the spacecraft. In the event
of a tannre aooaru tttc HJat:_latt, as ...,_,_._
telemetry data, the PA group analyzes the cause and
recommends appropriate nonstandard procedures.
2. The Command Preparation (CP) group is basically
responsible for preparing command sequences to be
sent to the spacecraft. In so doing they provide
inputs for computer programs used in generating
the sequences, verify that the commands for the
spacecraft have been correctly received at the DSS,
and then ascertain that the commands have been
correctly transmitted to the spacecraft. If non-
standard operations become necessary, the CP group
also generates the required command sequences.
3. The Engineering Computer Program Operations
(ECPO) group includes the operators for the DPS
input-output (I/O) console and related card punch,
card reader, page printers, and plotters in the space-
craft performance analysis area (SPAA). The ECPO
group handles all computing functions for the rest
of the SPAC group, including the maintenance of
an up-to-date list of parameters for each program.
In order to take maximum advantage during the mission
of the knowledge and experience of the various personnel
who are not a part of the "hard-core" operations teams
(FPAC, SPAC, and SSAC) but have been engaged in
detail design, analysis, or testing of the spacecraft, a
Spacecraft Analysis Team (SCAT) has been established.
The SCAT group, located in a building adjacent to the
SFOF, has appropriate data displays showing the current
status of the mission. The SCAT is available upon request
for immediate consultation and detailed analysis in sup-
port of the SPAC.
3. Space Science Analysis and Command Group
The Space Science Analysis and Command (SSAC)
group performs those space-flight functions related to the
operation of the survey TV camera. SSAC is divided into
two operating sub-groups:
1. The Television Performance Analysis and Command
(TelPAC) group analyzes the performance of the
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TV equipment and is responsible for generating
standard and nonstandard command sequences for
the survey TV cameras.
, The Television Science Analysis and Command
(TSAC) group analyzes and interprets the TV pic-
tures for the purpose of ensuring that the mission
objectives are being met. The TSAC group is under
the direction of the Project Scientist and performs the
......... fi,. analysis and evaluation of the TV pictures.
The portion of the spacecraft TV Ground Data Han-
dling System (TV-GDHS) in the SFOF provides direct
support to the SSAC group in the form of processed
electrical video signals and finished photographic prints.
The TV-GDHS operates as a service organization within
the MOS structure. Documentation, system checkout, and
quality control within the system are the responsibility
of the TV-GDHS Operations Manager, During operations
support the TV-GDHS Operations Manager reports to
the SSAC Director.
4. Data Processing Personnel
The use of the Data Processing System (DPS) by
Surveyor is under the direction of the Assistant Space
Flight Operations Director (ASFOD) for Computer Pro-
gramming. His job is to direct the use of the DPS from
the viewpoint of the MOS. He communicates directly with
the Data Chief, who is in direct charge of DPS personnel
and equipment. Included among these personnel are the
I/O console operators throughout the SFOF, as well as
the equipment operators in the DPS and Telemetry
Processing Station (TPS) areas.
Computer programs are the means of selecting and
combining the extensive data processing capabilities of
electronic computers. By means of electronic data pro-
cessing, the vast quantities of mission-produced data are
assembled, identified, categorized, processed and dis-
played in the various areas of the SFOF where the data
are used. Their most significant service to the MOS is
providing knowledge in real-time of the current state of
the spacecraft throughout the entire mission, This service
is particularly important to engineers and scientists of the
technical support groups since, by use of the computer
programs, they can select, organize, compare and process
current-status data urgently needed to form their time-
critical recommendations to the SFOD. (See Section V-C4
for a description of the DPS.)
5. Other Personnel
The Communications Project Engineer (PE) controls
the operational communications personnel and equipment
within the SFOF, as well as the DSN/GCS lines to the
DSIF stations throughout the world.
The Support PE is responsible for ensuring the avail-
ability of all SFOF support functions, including air
conditioning and electric power; for monitoring the dis-
play of Surveyor information on the Mission Status Board
and throughout the facility; for directing the handling,
distribution, and storage of data being derived from the
mission; and for ensuring that only those personnel neces-
sary for mission operations are allowed to enter the
operational areas.
The DSIF Operations Planning PE is in overall control
of the DSIF Stations at Goldstone, Johannesburg, and
Tidbinbilla; his post of duty is in the SFOF in Pasadena.
At each station, there is a local DSIF station manager,
who is in charge of all aspects of his DSIF station and its
operation during a mission. The Surveyor personnel
located at each station report to the station manager.
B. Mission-Dependent Equipment
The mission-dependent equipment consists of special
hardware provided exclusively for the Surveyor Project to
support the Mission Operations System. Most of the
equipment in this category is contained in the Command
and Data Handling Consoles and Spacecraft Television
Ground Data Handling System which are described below.
1. Command and Data Handling Console
The Command and Data Handling Console (CDC) com-
prises that mission-dependent equipment, located at the
participating Deep Space Stations (DSS), that is used to:
1. Generate commands for control of the Surveyor
spacecraft.
2. Process and display telemetered spacecraft data.
,3. Process, display, and record television pictures taken
by the spacecraft.
At the DSIF installations, the CDC provides command,
telemetry, and television functions through the DSIF
antenna, transmitter, and receiver to the spacecraft. The
CDC also provides telemetry data for on-site data pro-
cessing (OSDP) at the DSIF stations and for relay to the
SFOF at JPL for analysis.
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Table VI-1. Mission-dependent equipment support of
Mission A at DSIF stations
D55 11, Goldstone ..... Prime station with command, telemetry,
and TV
D55 42, Canberra ...... Prime station with command, telemetry,
and TV
DSS 51, Johannesburg .. Prime station with command and telemetry
D55 61, Madrid ....... Station used for monitoring and training
D55 72, Ascension ..... Station used for monitoring and t_'aining
D55 1 2, Goldstone ..... Station configured for command backup
D55 14, Goldstone ..... Station configured to record terminal
descent, landing, and TV
a. Network con]iguration. Table VI-1 lists the mission-
dependent equipment support of Mission A at the DSIF
stations. CDC's were located at DSS 11, 42, 51, 61, and 72.
Stations 11, 42, and 51 were the prime Surveyor stations.
However, Station 61, at Madrid, was used for some com-
mand transmissions during the second lunar day. This
station was primarily used for monitoring telemetry data
and to provide station personnel with operational training.
Likewise, DSS 72 at Ascension was used for monitoring
and training. DSS 12, the Echo site at Goldstone, was
configured and checked out to provide command backup
to DSS 11. The Echo Station transmitter was set to the
Surveyor frequency and a patchable interface established
via the intersite microwave link for the command sub-
carrier from the CDC at DSS 11. A return link was also
established from the DSS 12 receiver back to the DSS 11
CDC for purposes of checking the command transmission.
DSS 14, Mars Site at Goldstone, was configured to record
the terminal descent and landing telemetry and post-
landing TV data. Both pre- and post-detection signals
were recorded on magnetic tape. The added capability of
this station was used to increase the probability of obtain-
ing touchdown data. Additionally, the VR-1560 tape
recorder was used to record TV sequences during the first
few days.
b. CDC operations. During the mission, CDC opera-
tions were conducted at five DSIF stations. Table VI-2
shows the number of commands transmitted and the
number of television frames received by each station
during the mission.
1. DSS-11 Goldstone. Pioneer Station, at Goldstone,
participated in 17 passes during the first lunar day
and 11 passes during the second lunar day. This
station used a full CDC with command, telemetry,
Table VI-2. Mission A Command and TV activity
Commands TV frames
Station
transmitted received
D55 1 I
D55 42
DSS 5!
D55 61
DS5 72
89,778
12,547
6780
429
0
10,980
(approx)
4182"
(opprox)
712"
(approx)
383"
* The majority of TV frames received by overseas stations were commanded
from DSS 11, Goldstone, during overlap coverage.
** No TV equipment.
and TV equipment. Three additional interfaces were
established, as follows:
a. During telemetry sequences, the telemetry sub-
carriers being received were transmitted to the
SFOF from the CDC via the "96-kc" line. Signal-
limiting and level adjustments were provided by
the CDC.
b. As mentioned earlier, an interface was established
with DSS 12, Echo Station, for command backup.
If necessary, the CDC command SCO could be
patched to the intersite microwave link for trans-
mission to Echo Site, where the S-band transmit-
ter would be modulated. A detected signal from
the Station 12 transmitter was fed back to the
Pioneer Station CDC via another microwave
channel for checking command transmissions in
the CDC.
C. Two dataphone links were established with
Hanger AO at ETR. One line carried the re-
constructed telemetry PCM waveform from the
CDC's decommutator to ETR, and the other
carried the command bit stream, obtained at the
CDC system tester, to ETR. Both these lines were
used during the first three view periods and then
their use was discontinued.
2. DSS 42 Canberra. This station participated in six-
teen passes during the first lunar day and 11 passes
during the second lunar day. The CDC configuration
was standard with full capability available. This sta-
tion also recorded the voice experiment, "voice from
the moon," and after being processed through some
tunable filters, the recording was quite readable.
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3. DSS 51 ]ohannesburg. This station participated in
17 passes during the first and 8 passes during the
second lunar day. The CDC at DSS 51 was not
officially committed for television for this mission.
However, some television equipment tests had been
run and the performance of the station was fairly
well understood. This CDC lacks a spare 35mm
photorecorder, and no video tape recorder was avail-
able. Despite this, some television activity was
conducted by the station.
4. DSS 61 Madrid. The CDC at DSS 61 was used pri-
marily for monitoring the spacecraft signal and train-
ing its crew. This station did not participate in
pre-mission operational training tests. The station
participated in three passes during the first lunar day
and 5 passes during the second lunar day. At times
when the data into SFOF from Station 51 were of
poor quality, DSS 61 data, which were being sent
to SFOF, were used. The CDC at DSS 61 was of
standard configuration, except that the spare 85mm
film recorder was lacking.
5. DSS 72 Ascension. The CDC at DSS 72 is limited to
PCM telemetry operation and manual command
transmission. No television or analog telemetry equip-
ment is provided. This station acquired the space-
craft signal on the first pass and started processing
telemetry data and transferring the data to SFOF via
TTY lines. It also monitored the spacecraft acqui-
sition by DSS 51. The station was officially secured
after this first pass, but decommutator lock on
telemetry data was again obtained on June 2, and the
station obtained two-way phase-lock on June 10.
c. CDC Mission A Anomalies. Table VI-8 lists the CDC
equipment anomalies that occurred during the countdown
and operations for Mission A. The corrective action stated
is that action occurring up to this time; in some cases
additional action is still required. Station 72 had no CDC
equipment problems during Mission A.
2. Spacecraft Television Ground Data Handling System
The spacecraft Television Ground Data Handling
System (TV-GDHS) was designed to record on film the
television images received from Surveyor spacecraft. The
principal guiding criterion was photometric and photo-
grammetric accuracy with negligible loss of information.
The system was also designed to provide display infor-
mation for the conduct of mission operations and for the
production of user products such as prints, enlargements,
duplicate negatives, and catalogs of ID information.
The system has been implemented in two parts: at
DSS 11, Goldstone, and at the SFOF, Pasadena. At DSS 11
is an On-Site Data Recovery Subsystem (OSDR), and an
On-Site Film Recorder Subsystem (OSFR). These sub-
systems are duplicated in the Media Conversion Data
Recovery Subsystem (MCDR) and in the Media Conver-
sion Film Recorder Subsystem (MCFR) at the SFOF.
Also at the SFOF is the rest of the complete system.
Table VI-3. CDC Mission A anomalies
Effect on
Pass Anomaly mission Immediate reaction Corrective action
DSS I 1
2
5
3, 5,
6, 16
Several
Command buffer power-supply
voltage read low
Low-frequency oscillograph
had noisy traces
Command printer had
intermittent sticking of
2 print wheels
Tape reader intermittently
read wrong character and
stopped on parity check
None
None
None
Occasional
delay in
TV sequence
Replace power supply
with spare
Replace transistor on power-
supply regulator card
When problem occurred,
correct command verified
by telemetry response and
binary command comparator
Used spare tape reader
Bad solder joint resoldered and
unit returned to service
No further action
Printers aligned, cleaned, and
returned to service. Units
returned to manufacturer for
overhaul after first lunar
sunset and returned for use
during second lunar day
Unit adjusted and cold solder joint
found. Units returned to
manufacturer for overhaul after
lunar sunset and returned for
use during second lunar day
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TableVI-3. (Cant'd)
Effect on
Pass Anomaly mission Immediate reaction Corrective action
13 About 20% of TV ID frames Loss of Careful tuning of receiver and Investigation continuing 1o deter-
not processed by decommutator some temporary circuit added to mine cause of problem
TV ID prevent video saturation
data
OSS 42
No further action4
10
8
All
38
TV monitor tube had excessive
corona
Tape punch not advancing
Telemetry display meter 16
occasionally sticks at 100%
Command generator
elapsed time counter wheel
occasionally sticks
When Command 1115 was
transmitted, command display
changed to 1155.
Command was transmitted
correctly
Hone
None
None
None
None
Tube replaced with spare
Used spare tape punch
Item usable despite problem
Item usable despite problem
Item usable despite problem
Unit repaired by replacing
forward escapement
mechanism
Meter was replaced
Part was replaced
Circuit susceptible to noise.
Circuit card replaced with
newer type
DSS 51
1 None
39
42
Command 0316 not
transmitted correctly
Decommutator gave excessive
parity errors
Command generator sequence
counter would not reset
to zero
Decommutator did not up-date
local telemetry display
None
None
None
Command was retransmitted
correctly
Transferred to spare
decommutotar
Item usable despite problem
Transferred to spare
decommutotor
Problem found to be due to
operator shorting command
signal at monitor point.
Stations were advised of
operational procedure to
prevent shorting signal.
Investigating nonshorting type
jacks, signal monitoring at
reproduce modu(e output and
additional isolation
Problem due to dirty switch
contact. Switch cleaned and
unit returned to use
The mechanical assembly was
adjusted and item returned
to use
Three transistors were replaced
and unit returned to use
DSS 61
44
44
TV photorecorder clock
not operating
TV generator output
faulty in 200-1;ne mode
None
None
Replace battery
Use as is
Same
Unit replaced with one of new
design
a. Equipment at Pioneer Site, Goldstone (TV.11). Data
for the TV-GDHS is injected into the system at the inter-
face between the Station ll-receiver and the OSDR.
At this point, the signal from Surveyor has been down
converted to a 10-Mc FM-modulated signal. The OSDR
further down converts the signal to 5 Mc (500 kc for
200-line mode), providing an output signal for use by the
station's FR-800 videotape recorder and to the Microwave
Communication Link for transmission to the SFOF. A
baseband signal (the 500-kc predetection signal for 200-
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line mode) is provided to the station's FR-1400 instru-
mentation tape recorder. The OSDR further processes this
signal to obtain television image synchronization, telem-
etry synchronization, and the base-band video signal. This
information is then used by the OSFR to record the video
image and the raw ID telemetry in bit form on 70mm film,
together with an internally generated electrical gray scale
and "human readable" time and record number.
The entire on-site portion of the TV-GDHS at DSS 11,
Goldstone, was committed for Mission A for both 200- and
600-line modes of operation. Approximately 4,000 ft of
70ram film was exposed during the first lunar day, pro-
ducing some 10,300 frames of near-perfect film recordings
of the Surveyor spacecraft images. During the first lunar
day, only 26 frames are known not to have been recorded.
There was no known loss of lines in any of the pictures
recorded; jitter was less than V_,pixel (picture element),
almost unmeasurable, and resolution appears to be as
good as was received from the spacecraft. In all frames, a
very light vertical stripe appears in the black portions of
the image which has been traced to a grounding problem
in the TV-synchronizer. Recent evaluation of the films
has revealed a slight shading from one corner of the
image to the opposite corner. System gamma, which can
be defined for any point in the system, is here used as the
relationship of the input voltage to the density on the
negative after development. The desired system gamma
was 1. A spot check of the actual system gamma indicates
that it lies between 1.06 and 1.16. TV-11 was able to
receive and lock on to the very first picture transmitted
by the spacecraft. In 200-line mode, the frequency un-
certainty of the signal from the spacecraft is 8 times the
bandwidth of the signal. Considerable prior effort was
expended by personnel from TV-11, TV-1, DSS 11, and
SSAC to develop the procedures necessary to make pos-
sible the recording of this first picture. TV-11 performed
the fine tuning for both TV-11 and both portions of TV-1
in 200-1ine mode.
b. Equipment at the SFOF (TV-1). The signal pre-
sented to the Microwave Terminal at DSS 11 is trans-
mitted to the SFOF where it is distributed to the MCDR.
The MCDR processes the signal in the same manner as the
OSDR. An FR-700 video magnetic tape recorder records
the predetection signal in the same manner as the FR-800
at DSS 11. In addition, the MCDR passes the raw ID in-
formation to the Media Conversion Computer (Me Com-
puter), which converts the data to engineering units. This
converted data is passed to (1) the film recorder, where it
is recorded as "human readable" ID, (2) the ID wall dis-
play board in the SSAC area, (8) the disc file, where the
film chip index file is kept, and (4) the history tape.
Because of implementation constraints, a preliminary
configuration consisting of a so-called film recorder simu-
lator and a breadboard data recovery unit was provided
to drive the scan converter. This configuration together
with the FR-700 tape recorder was committed for
Mission A.
The scan converter accepts the slow scan image infor-
mation from the film recorder simulator and converts it
to the standard RETMA television signal for use by the
SFOF closed-circuit television and the public TV broad-
cast stations.
The MC film recorder provided two films. One of these
films is passed directly to the bimat processor; the other
is accumulated in a magazine. This film is wet-processed
off-line.
The bimat processor laminates the exposed film with
the bimat imbibed material, producing a developed nega-
tive and a positive transparency. The negative is used to
make strip contact prints, which are delivered to the
users. The negative is then cut into chips and entered into
the chip file, where they are available for use in making
additional contact prints and enlargements.
The additional equipment in the SFOF was used on a
best-effort, noninterference basis during Mission A. It was
not committed to the mission because there was insuffi-
cient time after installation to properly develop the
operational procedures and to properly train the manning
personnel. The only operational tests in which there was
any participation by the manning personnel were the two
"C'" tests prior to the mission.
Performance of the"committed'equipment in the SFOF.
The committed portion of the TV-1 at the SFOF per-
formed nominally throughout the mission. All 200-line-
mode pictures were received in their entirety. In 600-
line mode, about a dozen pictures were lost because of
spacecraft signal drift near the end of the first lunar day.
The FR-700 video magnetic tape recorder made very good
predetection recordings. However, tapes recorded prior
to June 11, 1966, have a lower-than-nominal time code
recording, making it difficult but not impossible to recover
time. It was found that an improper signal level was
being fed to the recorder because of operator error.
Performance of the additional equipment in the SFOF.
Approximately 33,000 ft of 70mm film was exposed
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during the entire mission in the MCFR, using both Optics
No. 1 and No. 2. When the bimat processor is run at its
maximum speed, a finished strip contact print can be
produced within 30 rain of a given exposure if the film
strip is no more than 50 frames long. However, this is
quite wasteful of film. After the second or third video
pass, it was realized that there was no real need for such
speedy processing. The real need for quick prints was
_,_ a -_ ecAr', camera, whlcdn producessupp,eu by L,_ oo_ paper ........
paper prints within 10 see after exposure. These prints
are of adequate quality for the purpose of real-time
mosaicking. Therefore, a slower mode of operation was
used, saving several thousand feet of film. Toward the
end of the first lunar day, 4000 ft of film was borrowed
to ensure the film supply, since more pictures were being
taken than previous estimates had anticipated. The bimat
processor used approximately 21,000 ft of bimat material
during the entire mission in developing the film from
Optics No. 1. The images recorded on Optics No. 1 were
very good throughout most of the mission.
On June 8, 1966, some scan lines were missed and the
problem was traced partially to the TV synchronizer.
It was later found, after more serious line dropping
occurred, that there was a defective isolation amplifier
in the Communications Center.
No film recording on either Optics was made on
June 10 because of several component failures in the film
recorder. After all problems were resolved, it was dis-
covered that the cathode ray tubes (CRTs) in both Optics
have slight horizontal burns near the top of the image
area. The image area was moved downward slightly to
remove it from the burned area. The June 10 data were
later recorded on film, using the magnetic tape recording
from the FR-700. On June 11, a failure in Optics No. 2
caused serious burns on the face of the CRT in Optics
No. 2. Optics No. 1 was not affected. The images re-
corded on Optics No. 2 prior to June 4 were found to be
slightly out of focus and were over-dithered. Vertical
dithering of the recording beam is used to reduce the
apparent line structure of the image, and does not impair
horizontal resolution. Too much dither causes line over-
lap and vertical resolution will be impaired. After replac.e-
ment of the CRT of Optics No. 2, the film produced
appeared to be very good.
A spot check of the system gamma on Optics No. 2
shows it to be about 0.96. Approximately 14,000 ft of strip
printing paper was used in producing the strip contact
prints for the Science Advisory Team and the mosaickers.
The strip contact prints were of very good quality and
were extensively used by the Science Advisory Team and
the mosaickers. Spherical mosaics were produced with
these prints. Several fiat mosaics were made. The printing
paper used was especially selected for mosaicking
purposes.
All enlargements and individual chip contact prints
were made using the Ektomatic process and the variable-
contrast Ektomatic paper. The quality achieved with this
paper was consistent with the capabilities of the paper.
Some 2000 8 × 10 enlargements of selected film chips
were provided during the first lunar day, and an average
of approximately 140 enlargements per day have been
supplied since then.
A film chip catalog has been produced. The catalog
consists of the spacecraft ID as received by the computer,
mission-independent parameters such as time, derived
parameters such as the rotation angle, and computer-
derived evaluation of the ID quality and alarms. When
the chip index file has been manually updated, the cata-
log then produced will also contain the manual inputs,
such as corrected ID and searchable and nonsearchable
comments. It has been estimated that roughly 5% of the
catalog contains data that were suspect for one reason
or another.
The search program was very useful to the Science
Advisory Team and was highly praised by them, even
though it is known that many improvements can be made
in the program to facilitate its use.
C. Mission Operations Chronology
Inasmuch as mission operations functions were carried
out on an essentially continuous basis throughout Mis-
sion A, only the more significant and special, or non-
standard, operations are described in this chronicle. Refer
also to the sequence of Mission A events presented in
Table A-1 of Appendix A.
1. Countdown and Launch Phase
Early in the countdown the Surr_eyor mission control
interface was established between the SFOF, Pasadena,
and AFETR at Cape Kennedy. The mission control inter-
face consists of a voice communications circuit over which
the launch operations and space-flight operations count-
downs are communicated. During the countdown, AFETR
reported problems with the following: Antigua radar
equipment; the communications link with the Range
Instrumentation Ship (RIS) General Arnold; and readi-
ness of the General Arnold to provide tracking and
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telemetry coverage. During the countdown and launch,
temporary failures also occurred in the DSS 51 high-
speed data and voice communieations circuit. Mission
Control advised the Mission Direetor that the loss of
tracking coverage from the General Arnold, although
undesirable, should not delay or postpone the launch.
These problems are discussed in greater detail in Sections
II and V.
Launch occurred at 14:41:00.990 GMT on May :30,
1966. A description of the sequence of events from launch
through separation is contained in Section III-D. Launch
vehicle telemetry data confirmed that the Centaur issued
the preprogrammed commands to the spacecraft before
separation. These were required to extend the landing
legs, extend the two omnidirectional antennas, and switch
the transmitter from low to high power. Spacecraft telem-
etry indicated proper response to these signals except that
extension of Omniantenna A could not be confirmed.
Following separation at 14:53:38 GMT, the spacecraft
executed the planned automatic sequences as follows.
By using its cold-gas jets, which were enabled at separa-
tion, the flight control suhsystem hulled out the small
rotational rates imparted by the separation springs, and
initiated a roll-yaw sequence to acquire the sun. After a
minus roll of approximately 100.5 deg and a plus yaw of
86 deg, acquisition and lock-on to the sun by the space-
c]aft sun sensors were completed at 15:00:84 GMT.
Concurrently with the sun acquisition sequence, solar
panel deployment was initiated, and at 15:0.3:20 GMT
the solar panel was in its proper transit position. All these
operations were confirmed in real-time by telemetry
received via downrange ships.
Following sun lock-on, the spacecraft coasted with its
pitch and yaw axes controlled to track the sun and with
its roll axis held inertially fixed.
2. DSIF and Canopus Acquisition Phase
One-way communication (down-link) with the space-
craft was achieved within 11 sec of first predicted visibil-
ity to DSS 51. In less than 4 min, two-way communication
was established to complete acquisition at 15:09:00 GMT.
It was later reported that DSS 51 tracking data looked
good. It was also reported that spacecraft telemetry data
looked good, except that Omniantenna A extension was
not indicated.
The initial sequence of commands was sent to the
spacecraft, beginning at 15:20:59. This sequence con-
sisted of commands to (1) turn off spacecraft equipment
required only until DSIF acquisition, such as high-power
transmitter and accelerometer amplifiers, (2) lock the
solar panel position, (3) increase the telemetry sampling
rate to 1100 bit/see, and (4) perform the initial interro-
gation of all telemetry commutator modes. Spacecraft
response to these commands was normal. However,
telemetry continued to indicate that Omniantenna A was
not extended. A nonstandard sequence of commands to
ignite the omniantenna release squib was initiated
to attempt to extend Omniantenna A. These commands
were initiated at 16:21:21 GMT with negative results.
A preliminary analysis of the effect of the antenna
anomaly on mission performance was conducted by the
SPAC and FPAC groups. The results of this study indi-
cated the feasibility of designing a midcourse maneuver
using Omniantenna B.
SPAC recommended to Mission Control that the
Canopus acquisition sequence be performed early be-
cause (1) indications were that the Canopus intensity
signal was a little higher than expected for "no star in
the field of view," and (2) a possibility existed that veri-
fication of the state of Omniantenna A extension might be
obtained during the spacecraft roll. It was desired that
satisfactory operation of the Canopus sensor and the state
of Omniantenna A extension he verified so that planning for
the mideourse correction could be conducted accordingly.
At 18:50:44 GMT, commands were sent to the space-
craft to maintain sun lock and initiate a roll attitude
maneuver for the Canopus acquisition sequence. Star in-
tensity signals from seven stars in addition to Canopus
were identified during the first revolution, with Canopus
being observed and identified after 220 deg of roll. As the
star sensor swept past Canopus, the star intensity level
indicated saturation and the Canopus lock-on signal did
not appear. From the 360-deg roll maneuver data, it was
concluded that manual lock-on would have to be used to
acquire Canopus. As the spacecraft continued to roll, the
time at which to stop the vehicle roll (so that Canopus
would be within the field of view of the star sensor) was
computed. At 19:1.3:20 GMT, a manual lock-on command
was sent to the spacecraft which successfully terminated
the roll maneuver and positioned the star sensor on
Canopus. The spacecraft then continued to coast as
before, but with its roll attitude controlled so that the
Canopus sensor remained locked on the star.
During the Canopus acquisition roll maneuver, the
Receiver A AGC data were monitored so that information
could be obtained which might verify Omniantenna A
nonextension. The AGC data appeared to confirm that
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Omniantenna A was not extended when compared with
data from antenna radiating pattern tests, which were
run concurrently using a spacecraft model on the ground.
However, the results were not conclusive.
3. Premidcourse Coast Phase
At 20:54:02 GMT, commands were sent to the space-
craft to initiate gyro drift checks which lasted about 3 hr.
This was done approximately 1 hr earlier than originally
planned in order to obtain as much drift data as possible
prior to the midcourse maneuver. The drift rates were
found to be within specifications.
In preparation for the first of two premidcourse maneu-
ver conferences, SPAC prepared an evaluation of space-
craft performance and FPAC computed a preliminary
orbit determination and assessed the overall possibilities
of getting the spacecraft to the preselected landing site.
The first premidcourse maneuver conference was held
about 7 hr after launch. Tile spacecraft performance and
subsystem margins as well as the midcourse maneuver
possibilities were presented in a general status review to
the Mission Director.
During this low-power coast phase, continuous telem-
etry was received at 1100 bit/see until approximately
11 hr after launch and at 550 bit/see until midcourse
maneuver preparations. Three engineering interrogations
were performed, including two originally scheduled for
transmitter high power. All systems were performing
satisfactorily.
In preparation for the second premidcourse maneuver
conference, SPAC continued to assess spacecraft perform-
ance and FPAC continued monitoring tracking data.
After FPAC completed an intermediate midcourse ma-
neuver computation, the FPAC and SPAC groups con-
vened to analyze midcourse maneuver alternatives and
considerations. Next, a preliminary internal mission oper-
ations conference was held between the Space Flight
Operations Director (SFOD) and the SPAC and FPAC
group representatives to generate a list of alternate mid-
course maneuver plans and prime selected landing sites
for presentation to the Mission Director.
The second premidcourse maneuver conference was
held about 12 hr after launch. The Mission Director
approved the following midcourse maneuver plan:
1. The midcourse maneuver to be executed approxi-
mately 15.85 hr after injection.
2. A roll-yaw premidcourse attitude maneuver se-
quence to be utilized.
3. Omniantenna B to be used with Transponder B in
two-way lock.
4. Spacecraft transmitter to be in high-power mode
with a telemetry sampling rate of 4400 bit/sec.
5. The velocity correction to be approximately 20
m/see.
6. The aiming point to be moved slightly to -2.33 deg
latitude, 316.17 deg longitude.
7. The coast mode commutator to be used for the
post-midcourse reverse maneuvers to obtain more
Receiver A AGC data for further analysis of Omni-
antenna A status.
(Refer to Section VII-C for a discussion of the factors
which were considered in selecting the midcourse maneu-
ver magnitude and final aiming point.)
The SFOD's maneuver plan was based upon orbit com-
putations using the tracking data obtained prior to the
first DSS 11 view period. (See Appendix A, Table A-2,
for predicted view period summary.) After DSS 11 had
tracked the spacecraft for a time sufficient to obtain the
required number of data points, the final midcourse
maneuver parameters were computed.
4. Midcourse Maneuver Phase
The spacecraft was prepared for the midcourse maneu-
ver by sending commands to (1) turn on the transmitter
high power, (2) increase the telemetry sampling rate from
550 to 4400 bit/sec, (3) pressurize the vernier propulsion
system, and (4) null out Canopus error signals. The com-
mands necessary for these preparations were transmitted
within the 20-min period preceding the first premidcourse
attitude maneuver. Starting at 06:30:13 GMT on May 31,
the required roll (-86.5 deg) and yaw (-57.9 deg) atti-
tude maneuvers were commanded and executed to align
the vernier engine axes in the direction of the desired
midcourse velocity vector correction. Then, at 06:45:03
GMT, the command was sent which started the vernier
engines for the velocity correction. Based upon a time
increment of 20.8 sec, previously commanded and stored
by the spacecraft flight control system, midcourse thrust
was terminated automatically by the spacecraft after an
actual duration of 20.75 see.
Following midcourse thrusting, commands were sent to
reduce the telemetry bit rate (to observe Receiver A
AGC) and execute the reverse attitude maneuvers. At
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completion of the reverse maneuvers, the sun and Cano-
pus were in the field of view of the sensors, and lock-on
was achieved without the necessity of performing a roll
maneuver for star verification. Next, a high-power engi-
neering interrogation was conducted, after which the
spacecraft was commanded to transmitter low-power
operation at 07:12:43 GMT.
5. Post-Midcourse Coast Phase
Following midcourse, the SPAC director recommended
that the spacecraft remain in the inertial mode in roll.
This was requested in order to obtain more roll gyro drift
data and to obtain data on the decrease of the Canopus
intensity signal as a function of the angle off of the
sensor axis. Four additional 3-hr gyro drift checks were
conducted during the post-midcourse coast phase, the
resuhs of which were consistent and indicated gyro drift
was below the specified limits. The gyro drift data was
given to FPAC for terminal descent computations.
A second attempt was made to command the extension
of Omniantenna A, although analysis indicated that suffi-
cient margin existed relative to the effects of the center-
of-gravity offset on spacecraft stability during terminal
descent. Again, the results were negative.
Also during this phase, power-mode cycling checks
were made to help predict the percentage of the elec-
trical load that would be supplied by each of the space-
craft batteries (main and auxiliary) during the terminal
descent when both batteries are placed directly on the
power huss. Following these checks, a slight change was
made in the proceduce in order to place both batteries
directly on the line. The auxiliary battery was used to
supply most of the load so that its temperature would
be increased to the desired temperature of >60°F at the
time of terminal descent.
The spacecraft was also commanded to turn on heaters
for thermal control of the vernier system propellant tanks.
Telemetry signal levels were sufficient to permit the
telemetry sampling rate to he maintained at 550 bit/see
throughout this coast phase, during which time 10 low-
power engineering interrogations were made.
6. Terminal Maneuver and Descent Phase
In preparation of the first terminal maneuver confer-
ence, the SFOD held a preliminary internal mission
operations conference to generate a list of alternate
terminal maneuver plans and an outline of post-landing
operations for presentation to the Mission Director.
The first terminal maneuver conference was held
about 15 hr before estimated main retro ignition. The
Mission Director decided which of the alternatives were
to be considered for further investigation and analysis.
The specific terminal maneuver tentatively selected by
the Mission Director consisted of roll-yaw-roll m,-,neu
vers using Omniantenna B. These maneuvers optimized
the signal strength of Omniantenna B, were the best
choice for the Project Scientist (inasmuch as the surface
unobscured by the spacecraft would be toward the sun,
providing good contrast) and used the attitude maneu-
vers (roll and yaw) already proven in conducting the
midcourse correction.
The second terminal conference was held about 51:-:-,hr
before main retro ignition. The SFOD presentation cov-
ered four items of consideration:
1. No new data had been received to invalidate the
previously selected terminal maneuver.
2. A final decision must be made between a roll-yaw-
roll maneuver (which was tentatively selected) and
a roll-pitch maneuver (which also optimized Omni-
antenna B signal strength but was less desirable).
3. A decision was required as to whether the strain
gage power should be turned on to obtain touch-
down dynamics data, inasmuch as there was con-
cern that the communications signal margins would
not permit normal telemetry plus the strain gage at
touchdown.
4. A decision was required to select a post-touchdown
operations plan relative to the choice of 200- or
600-line video picture sequences.
The Mission Director approved the following terminal
maneuver plan :
1. The roll-yaw-roll maneuver would be used.
2. The touchdown dynamics strain-gage power would
be turned on as there appeared to be a sufficient
signal margin.
3. The post-landing operations sequence employing
the 600-line video mode would be employed after
the initial 200-line sequence.
(Refer to Section VII-D for additional discussion of the
terminal maneuver analysis.)
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About 5 hr before main retro ignition, in preparation
for terminal descent, the spacecraft ffas commanded to
switch to the main battery mode, in which both batteries
are on-line. The last roll gyro drift check was terminated
28 min later, and the accumulated error was nulled.
About an hour before retro ignition, transmitter high
power was turned off and the last engineering interroga-
tion was performed. In addition, the telemetry rate was
increased to 1100 bit/sec and powex was turned on as
required for monitoring vernier propulsion and touch-
down forces by means of strain gages. The spacecraft
transponder was then turned off to put DSS 11 on one-
way lock for the terminal maneuvers.
The terminal roll-yaw-roll maneuvers were commanded
38, 33, and 29 min before retro ignition, respectively.
These were: roll -' 89.3 deg, yaw +59.9 deg, and roll
+ 94.1 deg. The first roll and yaw maneuver oriented the
retro thrust axis, and the final roll oriented the spacecraft
for optimum telecommunications from Omniantenna B
during terminal descent and optimum camera and sun
relationship for photographs after landing.
In the remaining time before the automatic retro se-
quence, final preparations were made for the terminal
descent. The thrust level of the vernier engines was pre-
set to a nominal 200-1b total, and a delay time of 7.826
sec between the "AMR mark" event and ignition of the
vernier engines was stored in the spacecraft. The altitude
marking radar (AMR) was turned on and then enabled
less than 2 rain before retro ignition. Except for two
commands for turning on the touchdown strain-gage data
and obtaining the optimum sampling rate for the flight
control telemetry data, the remaining operations were
automatically performed by the spacecraft.
The terminal descent sequence, initiated by the AMR
"mark" signal, occurred at 06:14:40.7 GMT, June 2, and
proceeded automatically through touchdown. (A backup
AMR "mark" time was also commanded.) The descent
sequence included the following events: vernier ignition,
main retrorocket ignition, RADVS turn-on, retrorocket
burnout and separation, doppler control enabling, and
vernier engines shutoff. Touchdown occurred at 06! 17:37
GMT __+0.5 sec on June 2, 1966 at -2.58 deg latitude
and 316.65 deg longitude.
A summary of the significant deviations from the stand-
ard Mission A flight sequence is given in Table VI-4.
Table VI-4. Deviations from standard Mission A
flight sequence
1. Implementation of nonstandard sequences in an attempt to
extend Omniantenna A, which had failed to extend normally
prior to Centaur/Surveyor separation.
2. Performance of all high-power interrogations (except that con-
ducted as port of the terminal descent sequence) in low power
because of sufficient telecommunication signal strength margin.
3. Use of manual lock-an (instead of automatic lock-on) for Canopus
acquisition because of high signal level produced by all stars,
including Canopus.
4. AdditlonaJ gyro drift checks obtained during postmidcourse coast
phase to obtain best estimate of gyro drift for use in terminal
descent computations.
5. Additional use of auxiliary battery to increase the auxiliary
battery temperature to that desired during terminal descent.
6. Three attitude maneuvers (instead of two) used during terminal
descent.
7. Lunar Phase
In the first few minutes after touchdown, engineering
interrogations indicated the spacecraft had survived the
landing and was in excellent condition. Telemetry indi-
cated Omniantenna A was now in the fully extended
position, apparently having deployed as a result of retro
or touchdown shock.
A nonstandard sequence of commands was sent about
10 min after touchdown, turning off the AMR heater
power to minimize battery power consumption. Thirteen
min later the spacecraft was commanded to connect the
main and auxiliary batteries, in parallel, through isolation
diodes to the unregulated power buss, and remove the
direct connection between the auxiliary battery and
the unregulated power buss.
During the next several minutes, commands were sent
to prepare for and take the first TV pictures in 200-scan-
line, wide-angle (25 deg field of view) mode. The survey
camera iris servo loop was first closed so that the/-stop
would be controlled automatically. The first picture was
received at 06:53 GMT, showing Footpad 3 and a por-
tion of the spacecraft against the surface of the Moon.
During the next 51 min, 13 additional 200-line pictures
were taken in a survey between Footpads 3 and 2.
After the series of 200-line pictures had been obtained,
the spacecraft was commanded to an engineering telem-
etry configuration and interrogated to assess the perform-
ance of the subsystems. This completed the standard
command sequences.
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At the second post-midcourse maneuver conference,
the decision had been made to reconfigure the spacecraft
and DSN Ground Communications System for 600-line
pictures after the first 200-line sequence was completed.
Accordingly, one of the prepared optional command se-
quences was utilized to accomplish the following: (1) erec-
tion of th8 solar panel, (2) disconnection of the auxiliary
battery from the nnregulated power buss, (3) erection of
the high-gain antenna, and (4) preparation for 600-line
pictures.
The first 600-line, high-resolution picture sequence was
initiated at 09:4,3 GMT, and 183 600-line pictures were
taken before DSS 11 visibility ended on June 2, 1966.
The 200-line configuration was not utilized again in video
operations except for a few pictures taken by DSS 42 on
June 5 and by DSS 51 at the end of the second lunar day
on July 14.
The lunar operations sequences, other than routine
engineering interrogations, are listed in Table A-3 of
Appendix A. The lunar sequences consisted largely of
picture surveys, which were interrupted by configuration
changes for engineering interrogations. The vast majority
of pictures were obtained using DSS 11, which is the
only DSN station furnished with the special mission-
dependent TV ground data handling equipment. This
equipment is described in Section VI-B. A few pictures
were obtained by DSS 51 and DSS 42 during the visibility
periods of June 4 and 5, 1966, and again on the second
hmar day.
Extensive horizontal- and vertical-scan picture surveys
were conducted of the entire lunar surface and horizon
visible to the Surv_eyor spacecraft. Use was made of both
the wide- and narrow-angle zoom lens positions, as well
as the red, green, and blue filters for color data. Many
picture surveys were repeated to obtain comparisons at
different sun elevation angles or under spacecraft shadow
conditions. Surface pictures included numerous studies of
imprints made by the spacecraft landing-leg footpads
and crushable blocks.
It was possibh, to continue operation of the spacecraft
over a much greater portion of the hmar day than had
been expected. It had been anticipated that excessive
temperatures could occur in critical systems if the space-
craft was operated during several days near lunar noon.
However, by taking advantage of shading afforded by the
solar panel and high-gain antenna, it was possible to
perform operations on all but two days, June 8 and 9.
Experiments were conducted to observe possible lunar
surface reaction to nitrogen gas jet impingement. In these
experiments, photographs were taken before, during, and
after opening the valve of an attitude-control gas jet
which pointed toward the lunar surface.
Many camera surveys were made of the spacecraft
itself to aid in engineering evaluation. Video data con-
firmed the post-touchdown extended position of Omni-
antenna A, as well as the excellent condition of the
spacecraft in general. Various spacecraft surfaces were
viewed to determine possible eolor deterioration, dust
coverings, or structural damage.
Several video sequences were performed to photograph
bright stars and a portion of the earth to provide data
for improving the estimated landing site location. The
attempt to photograph the earth was unsuccessful owing
to the limited elevation angle range of the camera mirror.
Sequences were also obtained of the solor corona after
sunset of the first lunar day.
After approximately 6000 video frames, a problem
developed with the camera elevation potentiometer caus-
ing a half-step error in the readings. Later, on June 12,
the potentiometer failed and elevation identification was
no longer available. Modified operation was then initi-
ated with minimum elevation stepping until it could be
ascertained that it was safe to exercise the elevation drive
at the previous high-duty cycle. The following day the
failure was diagnosed as a break in the potentiometer
wire which was bridged at a 17-deg mirror position,
providing an elevation reading only at that angle. The
nature of the failure was not considered critical. Con-
sequently, normal elevation stepping was resumed.
Some difficulty also was encountered with the camera
mirror elevation drive due to reduced torque as tempera-
tures declined toward the end of the first lunar day.
Desired elevation positions were attained by sending
repetitive mirror step commands. This difficulty also was
experienced at the close of the second hmar day.
As a result of the continued excellent status of the
spacecraft as the first lunar day progressed, operations
plans for the balance of the first lunar day were designed
to permit the spacecraft to pass into the environment of
the first lunar night with the highest possible chance of
survival. Nearly a full charge was placed in the battery.
The solar panel was positioned at 10 deg from the verti-
cal, slightly upward toward the western lunar sky, to
prevent a sudden surge of power to the battery before it
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could warm up during the second lunar day. The high-
gain antenna was also positioned nearly vertical so that
long shadows would be cast which could be photo-
graphed by the Lunar Orbiter spacecraft.
After sunset of the first lunar day, a final picture was
taken at 15:37 GMT, on June 14. This was a 4-min expo-
sure of Leg 2, illuminated by reflected light from the
^^-_- _'_ " ,_ ;,,_,,g,H,m_ w_r_ continued on
July 15 and 16 to observe spacecraft performance when
exposed to the severe thermal gradients. A final command
was sent to the spacecraft at 20:81 GMT, on June 16, to
cease telemetry transmission. Only the two receivers and
command decoder were left functioning. Continued oper-
ation of these elements was necessary to enable the space-
craft to receive commands when attempts would be made
to resume operations during the second lunar day.
On June 28, just a few hours before sunrise of the
second lunar day, commands were sent from Goldstone
to turn on the Surveyor transmitter. No response was
received. For several hours each day thereafter, Gold-
stone repeated these commands. Beginning July 3, the
task of repeating these commands was transferred to
the Canberra station. Finally, at 11:29 GMT on July 6,
Surveyor responded, and it was observed that battery
voltage was very low. Cautious steps were taken to com-
mand the spacecraft to a configuration which permitted
recharging of the battery.
Preparations were made to operate the camera on
July 7, and 24 pictures were received which proved the
camera to be in good working condition. Plans were then
made to use the camera during the remaining three days
before sunset. A battery anomaly was detected on July 8
when battery temperature began to rise rapidly. The
solar panel was repositioned to reduce the charging rate
and resultant internal heating, but the temperature con-
tinued to climb.
Emergency measures were then taken during the Can-
berra view period to utilize to best advantage what was
then believed to be the last few hours of the spacecraft's
operational life. Thirty-eight 600-line pictures were taken
by DSS 42. Commands were sent to fire the three
downward-pointing vernier engines at a low thrust level;
but the attempt was unsuccessful because the power
circuits which operate the propellant valves would not
respond to turn-on commands.
Commands were also sent from DSS 42 to turn on the
approach television camera, which had been designed
for but not used during the terminal descent phase ot
flight. No video data was received, but telemetry indi-
cated that camera turn-on was normal.
Battery temperature climbed to a peak of 139.8°F on
July 8, but then began dropping and was within the
normal operating temperature range by the following
day. When the battery temperature had decreased suffi-
ciently, the solar panel was repositioned in steps to
increase the charge rate gradually until full charging rate
was again achieved.
Though the battery anomaly was unresolved, the prob-
lem was less critical and camera operation was resumed
July 12 via Goldstone. Among the pictures received that
day was a survey of the top of spacecraft Compartment A,
which revealed, for the first time, damage to the glass
thermal control surface. As the sun sank lower in the
sky, additional pictures were taken by all three prime
DSIF stations to observe the spacecraft shadow as it
advanced across the lunar landscape. Before sunset, the
high-gain antenna was again positioned vertically, re-
quiring reeonfiguration to the 200-line mode for the final
pictures. As the final pictures were taken by DSS 51,
just prior to sunset in an attempt to photograph the solar
corona, spacecraft telemetry indicated large battery volt-
age drops. On July 14, radio lock was lost by DSS 51
about 03:00 GMT, before the solar corona pictures could
be commanded. Attempts were made to restore com-
munications with the spacecraft, but the effort was aban-
doned when the DSS 51 view period ended.
The operational phase of Mission A was terminated
at the conclusion of operations on July 14, 1966.
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Vlh FLIGHT PATH AND EVENTS
For Mission A, the landing site selected prior to launch
for targeting of the launch vehicle ascent trajectory was
near the western end of the Apollo landing zone at -2.58
deg latitude, 316.65 deg longitude (best estimate based
on post-touchdown tracking data). The following factors
influenced the selection of this site: predicted terrain
smoothness, desire to land in the Apollo zone, desire to
minimize the off-vertical incidence of the approach tra-
jectory, and availability of good post-landing lighting. An
unbraked impact speed was selected so that the Gold-
stone arrival visibility constraints would be satisfied for
all launch days in the launch period.
A. Launch Phase
Liftoff occurred at 14:41:00.990 GMT, May 80, 1966,
from ETR Launch Site 36A at Cape Kennedy, Florida.
At 2 sec after liftoff, the Atlas/Centaur launch vehicle
began a 13-sec programmed roll that oriented the vehicle
from a pad-aligned azimuth of 105 deg to a launch azi-
muth of 102.285 deg. At 15 see, a programmed pitch
maneuver was initiated. The nominal and actual times
for the boost phase and following mission events are
summarized in Table A-1 of Appendix A. All event times
were nominal or within the 8-a tolerance. The launch-
phase ascent trajectory profile is illustrated in Fig. VII-1.
Injection accuracy is discussed in Section VII-C in con-
nection with midcourse correction requirements.
B. Cruise Phase
Separation of Surveyor from Centaur occurred at
14:53:37.9 GMT at a geocentric latitude and longitude
of 17.6 and ,312.1 deg, respectively. The spacecraft was
in the sunlight at separation and never entered the
shadow of either earth or moon during the transit tra-
jectory. Figures VII-2 and VII-3 illustrate the transfer
trajectory.
First acquisition of the Surveyor spacecraft by DSS 51
was both nominal and very quick. The L-5 rain predic-
tions indicated a rise over the station's horizon mask at
15:04:39 GMT. DSS 51 reported good one-way doppler
data at 15:04:51 GMT and good two-way data at 15:08:31
GMT. Thus, DSS 51 was able to obtain good one-way
data only seconds after spacecraft rise and good two-
way data in less than 4 rain after rise. Table A-2 of
Appendix A presents the predicted view periods.
The proximity of the uncorrected, unbraked impact
point (-11.425 deg latitude, :305.85:3 deg longitude) and
the original aim point (-3.25 deg latitude, 316.17 deg
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SEPARATION
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PHASE
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56 sec
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DOWN
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MAIN
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Fig. VII-1. Launch phase trajectory
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POSITION OF MOON AT IMPACT.
TOUCHDOWN. _
GOLDSTONE _ TO SUN \_ _I
:7 " _ /-LAUNCH / coAsT .
i! I \_ / / PHASES / / _J _ /"
LAUNCH /
THROUGH / _.....- / I
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(NOMINALLY >1 hr
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5 STAR ACQUISITION AND VERIFICATION
(NOMINALLY 15 hr AFTER LAUNCH)
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(IMMEDIATELY AFTER MIDCOURSE CORRECTION)
5 RETRO PHASE (INITIATED AT NOMINAL RANGE
OF 60rni FROM MOON)
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Fig. VII-2. Earth-moon trajectory and nominal events
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longitude) is shown in Fig. VII-4. The uncorrected, un- 
braked impact point is located on the weqtern edge of 
Oceanus Procellarum, west of the crater Hansteen. The 
original aim point is approximately 400 km to the north- 
east, just north of the crater Flamsteed. 
on the earth's equatorial plane. The best estimate of the 
Ccntaiir injection conditions \vas obtained from ETR. 
These conditions were computed in-flight based upon 
Centaur post-retro data. A mission design constraint 
states that the Centaur/Stirceyor separation distance 
must be at least 336 km by 5 hr after injection to elim- 
inate possible Centaur interference during Canopus ac- 
quisition. The required separation distance was reached 
Figure VII-5 illiistrates the Centaur and Srirceyor 
trajectories. The projection of each trajectory is plotted 
I C  
w o  
IO 
\ 
40 
3U 
S 
Fig. Vll-4. Surveyor I program target and uncorrected impact points 
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Fig. VII-5. Surveyor and Centaur trajectories in earth's equatorial plane
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2 hr and 1'7.5 min after launch. The Centaur passed above 
and behind the moon about 6 hr and 20 min after Sur- 
veyor 1 touchdown. 
C. Midcourse Muneuver Phuse 
The original aim point was selected assuming the 99% 
landing dispersion to be a 50-km-radius circle on the 
lunar surface. However, primarily because of t!x s : d !  
midcourse correction required, the 99% dispersion com- 
puted in-flight was an ellipse having a semimajor axis of 
38.7 km and a semiminor axis of 28.7 km. Because of this 
smaller dispersion, it \\-as decided to bias the aiming 
point to the north approximately 0.92 deg to minimize 
the chance of landing in the craters Flamsteed or Flnm- 
steed E. Figure i'11-6 sho1s.s the initial aim point, the 
final aim point (-2.33 deg latitide. 316.17 deg longi- 
tude), the 99% dispersion associated vi th  premidcoiirse 
tracking and execution errors, and the actual soft-landing 
site. The latitude and longitude for these locations as 
well as €or the iincorrected impact point are given below: 
Latitude, Longitude, 
deg deg 
Original aim point - 3.25 316.17 
Vncorrected impact point - 11.425 305.853 
Final aim point - 2.33 316.17 
Actuai iandirig site (best e s t i m a t r s )  
Based on flight tracking data - 2.41 316.65 
Bawd on post-touchdown 
tracking data - 2.5s 3l6.65 
The midcourse correction, computed to enable the 
rpacecraft to soft-land at the new aiming point. was 
20.35 m/sec. This correction \\-as executed upon ground 
command at approximately 06:45 G l I T  on \lay 31. 1966. 
The resulting soft-landing site is estimated to be -2.55 
deg latitude and 316.6.5 deg longitude, well within the 
-I 
310 312 314 316 318 
LONGITUDE, deg 
Fig. Vll -6 .  Surveyor I l and ing  locat ion 
320 3 2 2  
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3-_ dispersions predicted prior to the correction. Dis-
persions on the actual landing site are presently esti-
mated to be 5 km in latitude and 2 km in longitude.
persions and the effective lunar radius are also shown.
The midcourse capability contours are in the conven-
tional R-S-T coordinate system.*
The maximum midcourse correction capability, as a
function of the unbraked impact speed, is shown in Fig.
VII-7. The expected 3-(r Centaur injection guidance dis-
*Kizner, W. A., A Method o[ Describing Miss Distances [or Lunar
and Interplanetary Traiectories, External Publication 674, Jet
Propulsion Laboratory, Pasadena, August 1, 1959.
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Fig. VII-7. Midcourse capability contours for May 30 launch
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The maneuver execution time of 15.85 hr after injection
was chosen. This time allowed 4 hr 36 min of premid-
course and 3 hr 49 min of postmidcourse visibility from
the Goldstone DSS 11 tracking facility.
The midcourse velocity component required to correct
the "miss only" was 3.74 m/see, computed to correct to
the final aim point. This component is referred to as the
critical component. The velocity component normal to
the critical component is referred to as the noncritical
component since it does not affect the miss to first order.
Figure VII-8 presents the variations in flight time, main
retro burnout velocity, and vernier propellant margin
with the noncritical velocity component U:_. The propel-
lant margin and flight time were acceptable over the wide
range of values within the limits shown. Flight control
stability considerations, however, made main retro burn-
out velocity below 450 ft/sec highly desirable. A positive
increment of 20 m/see in the noncritical direction was
selected as a good compromise, resulting in a nominal
burnout velocity of 392 ft/sec.
If the maneuver strategy had been simply to correct
miss and flight time to the new aim point, the required
noncritical component would have been 4.3 m/see, giving
a total correction of 6.1 m/see. However, to properly
evaluate the performance of the Centaur guidance sys-
tem, the original aiming point must be used in computing
the correction, in which case the "miss only" correction
is 3.6 m/see and the miss-'plus-flight-time correction is
5.9 m/see.
Table VII-1 presents the premidcourse and postmid-
course injection and terminal conditions.
I
Z
no
I--
Z
_J
_I
IJJ
Q_
0
n,*
O_
LIJ
Z
w"
ILl
7O
60
5O
40
30
2O
I0
700
600
100
MAIN RETRO
VELOCITY
VERNIER
MARGIN
MAXIMUM ACCEPTABLE
4200
4 I00
4OO0
390O
i •
_IE OF FLIGHT
L--MINIMUM ACCEPTABLE
VERNIER PROPELLANT MARGIN
!, I I I0
-80 -60 -40 -20 0 20 40 60
TARGf ITED
TIME OF FLIGHT
i
MINIMUM ACCEPTABLE
_/ TIME OF FLIGHT
/
/
I-
GOLDSTON E
5 deg RISE
I I;
3800
37O0
3600
3500
80
NONCRITICAL VELOCITY COMPONENT, /')3, m/see
Fig. VII-8. Effect of noncritical velocity increment on terminal descent parameters
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D. Terminal Phase
Because of the apparent failure of Omniantenna A to
deploy, attitude maneuvers in the terminal phase were
selected to optimize signal strength from Omniantenna
B. Study of this problem showed that there were two
possible maneuver sequences that would maintain rela-
tively high signal strength during and following the
maneuvers. The _rst maneuver sequence was a roll-yaw-
roll combination that gave a final spacecraft roll orienta-
tion such that the DSIF station was in the most favorable
location. The second maneuver sequence was a roll-pitch
combination. This maneuver sequence also resulted in an
equally favorable final roll orientation. However, the
latter maneuver sequence had disadvantages that the
first sequence did not have. First, the pitch maneuver
channel had not been exercised at midcourse as had the
yaw channel. Second, the roll-pitch combination could
not be computed directly with the midcourse maneuver
analysis computer programs, and thus there could be no
compensation for a sensor group deflection of 0.34 deg
and a known Y-gyro drift of approximately 0.75 deg/hr.
The net result of these two uncompensated error sources
was an estimated 0.4-deg offset in the retro thrust vector.
With this expected thrust offset, the flight path angle 3-_
uncertainty at the start of the vernier phase was 28 deg
as compared to an uncertainty of 20 deg when these
errors are compensated.
Because of these disadvantages, the roll-yaw-roll se-
quence was finally chosen. To offset the increased oper-
ational time disadvantage inherent in a three-maneuver
sequence, the first maneuver was executed 38 rain prior
to retro ignition rather than the standard 33 rain generally
used to minimize gyro drift error. This execution allowed
3 min to complete the first maneuver and 2 rain to set up
for the second maneuver so that it could be executed at
33 min. The additional 5 min operational time was allow-
able because, during the first roll maneuver, sun lock
was maintained. Thus, pitch and yaw attitude errors
owing to gyro drifts were held to zero until the second
maneuver was executed. In addition, of course, the gyro
drift rates were being compensated for to the extent that
they were constant and accurate.
Final attitude maneuver magnitudes were based on
measured gyro drift rates of zero in the pitch axis, 0.75
deg/hr in the yaw axis, and 0.2 deg/hr in the roll axis.
Figure VII-9 presents the terminal descent sequence.
Table VII-2 tabulates predicted terminal descent param-
eters. Actual terminal parameters are still being deter-
Table VII-2. Predicted values* of terminal parameters
Terminal parameters Values
Ignition altitude, ft
Ignition velocity, ft/sec
Main retro burnout altitude, ft
Main retro burnout velocity, ft/sec
Flight path angle, deg
Nominal propellant consumption (vernier phase), Ib
Propellant margin (touchdown), Ib
Usable touchdown propellant margin required
for 99% burnout dispersions, Ib
Landing site
Latitude, deg
Longitude, deg
246,636
8565.3
28,571
392
6.02
78.2
33.9
10.5
-- 2.41
316.65
* Based on the final postmldcourse computer run of the Terminal Guidance
Program, completed approximately 2.5 hr prior to main tetra ignition.
mined. Table A-1 of Appendix A gives terminal event
times. Actual touchdown time occurred within about
2 sec of the time that had been predicted prior to initia-
tion of the terminal descent sequence.
E. Landing Site
The estimate of the actual landing site derived using
flight tracking data (-2.41 deg latitude and :316.65 deg
longitude) is based upon an unbraked impact point of
-2.356 deg latitude and 316.642 deg longitude. The
terminal guidance program predicted that the difference
betnveen unbraked impact and landing would be 1.13 km
along the surface in the trajectory plane (i.e., at an azimuth
of 343.4 deg). Since landing, a study of terminal descent
telemetry data shows that there was an additional 42
ft/sec lateral velocity not considered in the initial terminal
guidance solution. This lateral component added another
0.59 km, bringing the total difference to 1.72 km, which
is the value used to determine the estimate given above.
Post-landing doppler tracking data is currently being
analyzed to locate the landing site more accurately. The
present best estimate of the actual landing site, based
upon preliminary analysis of post-touchdown tracking
data, is -2.58 deg latitude and 316.65 deg longitude.
This estimate is in good agreement with landing site
determinations based upon photographic data. The use
of photographic data to determine landing site location
is discussed in Part II of this report.
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Fig. VII-9. Terminal descent nominal events
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APPENDIX A
Surveyor Mission A Events
Table A-1. Mission flight events
!
Mission time Mission time I GMTEvent Mark No. (predicted)" (actual) (actual)
!
Launch to DSIF acquisition
L-J-00.00:00.00 14:41:00.990Launch (2-in. rise)
Initiate roll program
Terminate roll, initiate pitch program
Math 1
Max. aerodynamic loading
Booster engine cutoff (8ECO)
Jettison booster package
Admit guidance steering
Jettison Centaur insulation panels
Jettison nose fairing
Start Centaur boost pumps
Sustainer engine cutoff (SECO)
Atlas/Centaur separation
Centaur main engine ignition (MEIG)
Centaur main engine cutoff (MECO)
Vehicle destruct systems sated by ground command
Extend Surveyor landing legs command
Extend Surveyor antennas command
Surveyor transmiffer high power on command
Surveyor/Centaur electrical disconnect
Surveyor/Centaur separation
Start Centaur 180 deg. turn
Start Centaur lateral thrust
Cutoff Centaur lateral thrust
Start Centaur retro (blowdown tanks)
Sun acquisition cell illuminated
Solar panel locked in transit position
Sun lock-on completed
Cutoff Centaur retro and pwr off
Roll axis locked in transit position
Initial DSIF acquisition completed (two-way lock)
9
10
11
12
13
14
17
18, 19
L-J-00:00:00.00
L-_- 00:00:02
t_-00:00:15
L _-00:02:22.41
L-_-00:02:25.5 t
L -t-00:02:30
L-_-00:02:56.41
L-1-00:03:23.41
L-J-O0:03:24.41
L-_-00:04:00.67
t 400:04:02.50
L-J-O0:04:I 2.17
L-f-O0:l 1:27.33
L-I-00:12:38.17
L_00:00:58
L-f-00:0 ! :17
L_-00:02:22.04
L _00:02:25.12
t Jr00:02:55.84
L _-00:03:22.76
L-_00:03:23.72
L-kO0:03:59.38
L -I-00:04:01.31
L-_-00:04:10.86
L _00:11:29.21
L-_-O0:I 1:40.1
L _00:1 !:55
L-t-00:12:05
L-t-00:12:26
L-_-00:I 2:31
L-_-00:I 2:36.93
L-_-00:12:42
L-_-00:I 3:22
L-Jr00:13:42
L _-00:! 6:36
L-_00:I 6:49
L-f-00:18:19
L-t-00:19:33
L _00:20:47
L-_-00:22:19
L-_-00:27:30
14:41:59
14:42:18
14:43:23:03
14:43:26.11
14:43:56.83
14:44:23.75
! 4:44:24.71
! 4:45:00.37
14:45:02.30
14:45:11.85
14:52:30.20
14:52:41.1
14:52:56
14:53:06
14:53:27
14:53:32
14:53:37.92
14:53:43
14:54:23
14:54:43
14:57:37
14:57:50
14:59:20
15:00:34
15:03:20
15:08:31
a Predicted values from Centaur Monthly Configuration, Performance, and Weight Status Report, Report GDC63-0495-37, Appendix A, Trajectory and Performance Data,
General Dynamics/Convair, San Diego. The predicted values were computed posfflight utilizing actual launch azimuth, tanked propellant weights and atmospheric
data which depend on day and time of llftoff.
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TableA-1 (Cant'd)
Event Mission time GMT
(actual) (actual)
DSIF acquisition to star acquisition
Initial spacecraft operations
1. Command transmitter from high to low power
2. Command off basic bus accelerometer amplifiers and solar panel deployment logic
3. Command rock solar panel back and forth to seat locking pin
4. Command rock rail axis back and forth to seat locking pin
5. Perform interrogation of all engineering signal processor data modes at 1100 bit/see
Attempt to extend Omnidirectional antenna A by ground command
Star veriflcation/acqulsition
1. 1100 bit/sec engineering interrogation of modes 4, 2, and 1
2. Command transmitter high power turn on prior to star verification (high voltage on at
18:44:24 GMT)
3. Command on coast mode commutator
4. Command execulion of positive roll (roll begun at 18:53_39 GMT)
5. Command manual star lock achieved
6. Command return to low-power operation
L+00:39:58
L+00:46:56
L-I-00:53:14
to
L+01:46:56
L+01:40:20
to
L +01:45:07
L+03:50:53
L+04:01:20
L+04:08:33
L+04:09:43
L +04:32:19
L+04:40:03
t 5:20:59
15:27:55
15:34:15
to
15:56:04
16:21:21
to
16:26:08
18:31:54
18:42:21
! 8:49:34
18:50:44
19:13:20
19:21:04
Premidcourse coast phase
Command gyro drift check
Command bit rate reduction from 1100 to 550 bit/see
Low-power engineering interrogation of modes 4 and 2
Engineering interrogation at 1100 bit/sec with low power
Command gyro speed check and return to 550 bit/sec telemetry data
Command return to coast mode commutator data
Command manua( Ioc_(on 1o Canopus to nul{ out star error slgnal prior to midcourse execution
Midcourse correction
L+06:13:01
to
L +09:10:09
L+10:57:18
L-t- 11:59:00
to
L-I- 12:06:08
L+I 3:33:04
to
L+ 13:37:02
L + 13:45:03
to
L+13:49:16
L+13:52:36
to
L+13:52:43
L-_- 14:14:35
20:54:02
to
23:51:10
01:38:19
15/31/66)
02:40:01
to
02:47:09
04:14:05
to
04:20:03
04:26:04
to
04:30:17
04:33:37
to
04:33:44
04:55:36
Midcourse correction sequence
1. Engineering interrogation of modes 4, 2, and 1 at 1100 bit/sec with transmitter low power
2. Command
3. Command
4. Command
5. Command
6. Command
7. Command
8. Command
9. Command
10. Command
11. Command
on high-power transmitter (high voltage on at 06:08:25 GMT)
increase telemetry rate from 550 to 4400 bit/see
pressurize vernier system (helium)
roll maneuver magnitude and direction (minus roll of 86.5 deg)
roll execution
yaw maneuver magnitude and direction (minus yaw of 57.99 deg)
yaw execution
propulsion strain gauge power on
unlock Engine 1 to permit roll control
thrust phase power on
L+15:20:14
to
L-J-15:25:45
L --_-15:25:45
L+15:29:22
L+I 5:38:07
L+15:39:22
L+15:49:12
L+15:53:13
L-J- 15:53:47
L +15:57:03
L-f-15:58:06
L+16:02:04
06:01:15
to
06:06:46
06:06:46
06:10:23
06:19:08
06:20:23
06:30:1-3
06:34:14
06:34:48
06:38:05
06:39:07
06:43:05
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Table A-1 (Cant'd)
Event Mission time GMT
(actual) (adual)
Midcourse correction (Cant'd)
12. Command desired thrust duration (20.8 sec)
13. Command midcourse thrust execution
! 4. Turn c_ff thrust phase power
15. Command off propulsion strain gauge power
16. Command operations to obtain coast mode data at 550 bit/see (for obtaining receiver A AGC
data in an attempt to verify condition of Omnidirectional antenna A)
I7. Command reverse yaw maneuver magnitude and direction (plus 57.99 deg)
18. Command yaw execution (sun reacquired at 06:54:51 GMT)
19. Command reverse roll maneuver magnitude and direction (plus 85.5 deg)
20. Command roll execution (Canopus reacquired at approximately 07:00:55 GMT)
21. Postmidcourse engineering interrogation of modes 1, 2, and 4
22. Command return to transmitter low-power
23. Command off auxiliary accelerometer amplifier and touchdown strain gauge power
L-J-16:02:41
L-J- 16:04:02
L -f- 16:02:25
L _- 16:05:21
L_I 6:08:01
to
L_I 6:09:36
L-f- 16:10:45
L-_- 16:11:54
L-t-16:16:03
L _.-16:47:01
L_I 6:23:29
to
L_I 6:30:52
L-f- 16:31:42
L-_-16:45:38
06:43:42
06_45:03
06:45:26
06:46:22
06:49:02
to
06:50:37
06:51:46
06:52:55
06:57:04
06:58:02
07:04:30
to
07:1 ! :53
07:! 2:43
07:26:39
Postmidcourse coast phase
Low-power interrogation of modes 4 and 2 to obtain thermal data
Command gyro drift check
Command start of drift check of roll axis only
Low-power interrogation of modes 4 and 2 to obtain thermal data
Low-power interrogation of modes 4 and 2 to obtain thermal data
Command termination of roll drift check to null out accumulated error produced by drift
Low-power interrogation
Command gyro drift check for pitch and yaw gyros; roll gyro drift check allowed to continue
Attempt to extend Omnidirectional antenna A by ground command
Command gyro drift check (roll gyro drift check also terminated)
Command start of new gyro drift check
Low-power interrogation of modes 4 and 2
Command power mode cycling remaining in auxiliary battery mode to check rate of temperature
rise of auxiliary battery
Command high current mode on--both batteries directly on line
Command vernier tanks' thermal control on
Command termination of yaw and pitch gyro drift check; roll gyro drift check allowed to continue
Command return to auxiliary battery mode to increase rate of temperature rise of auxiliary battery
L_17:51:01
L-J- 18:49:! 3
to
L-Jr-21:49:15
L_22:55:16
L_25:32:27
to
L_25:46:20
L_29:51:41
to
L -I-30:02:43
L_32:52:37
L-f-37:24:54
to
L _37:30:53
L_37:37:38
to
L -_- 39:34:56
L-f-39:50:16
L-_-40:53:14
to
L-t-43:! 1:58
L-_-43:14:41
L-t-43:17:44
to
L _-43:26:22
L _45:05:33
to
L _-45:36:56
L_-45:36:56
L -}-45:56:57
L -_-46:24:02
L_49:06:13
08:32:02
09:30:14
to
12:30:! 6
13:36:! 7
i 6:13:28
to
16:27:41
20:32:42
to
20:43:44
23:37:38
04:05:55
to
04:1 1:54
(611166)
04:18:39
to
06:25:57
06:31:17
07:34:15
to
09:52:59
09:55:42
09:58:45
to
10:07:23
11:46:34
to
12:17:57
12:17:57
12:37:58
13:05:03
15:47:14
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TableA-1 (Cant'd)
Event Mission time GMT
(actual) (actual)
Postmidcourse coast phase (Cant'd)
Low-power interrogation of modes 4 and 2
Command power mode cycling, with return to auxiliary battery (to insure proper auxiliary battery
temperature rise)
Low-power interrogation of modes 4 and 2
Command termination of roll gyro drift check to null accumulated error
Command start of new gyro drift check
Command termination of yaw and pitch drift check to null out accumulated error
Low-power interrogation of modes 4 and 2
Command power mode cycling, with return to auxiliary battery mode (to insure proper auxiliary
battery temperature rise)
Command on survey TV electronic thermo_ control power
Command both batteries on line in preparation for terminal descent
Command termination of roll gyro drift check to null accumulated error
tow-power interrogation of mode 4 only
Low-power interrogation of mode 4 only
Engineering interrogation of modes 4, 2, and 1 with low power at 550 blt/sec
Command VCXO check
Command vldicon temperature control on survey camera
L-I-49:07:19
to
L_r-49:21:36
L-f-49:48:44
to
L-f-49:53:17
L-f-52:03:15
to
L-J-52:20:19
L-_-52:34:13
L_-52:39:42
L_-55:00:50
L-1-56:38:52
to
L _ 56:54:06
L-l-57:29:40
to
L-{-57:43:03
L@58:35:41
L-_-58:41:59
L_-59:10:22
L-J-59:14:23
to
l-1-59:19:22
L+60:26:59
to
L_60:35:53
L-}-61:14:23
to
t--_-61:20:06
L-'f-61:24:41
to
L_-61:28:14
15:48:20
to
16:02:37
16:29:45
to
16:34:18
18:44:16
to
19:01:20
19:15:14
19:20:43
21:41:51
23:19:53
to
23:35:07
00:10:41
to
00:24:04
16/2/661
01:16:42
01:23:00
01:51:23
01:55:24
to
02:00:23
03:08:00
to
03:16:54
03:55:24
to
04:01:07
04:05:42
to
04:09:15
No time
confirmation
Terminal descent
Terminal descent preparation commands
1. Interrogation of modes 4, 2, and 1 and command on high-power transmitter (at 05_20:18
GMT) and command adjustment of telemetry rote to 1100 bit/sec (at 05:21:27); command
summing pmplifiers off (to turn off presumming amplifier) and command on phase summing
amplifier
2. Command propulsion strain gage power on
3. Command touchdown strain gage power on and subcarrler oscillators on
4. Command transponder power off (one-way lock achieved)
5. Command roll maneuver magnitude and direction (plus 89.3 deg)
L _-62:37:06
to
L _-62:44:36
L _62:44:36
L-t-62:45:13
L-f-62:48:46
to
L-I-62:51:08
L-f-62:51:08
05:18:07
to
05:25:37
05:25:37
05:26:14
05:29:47
to
05:32:09
05:32:09
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Table A-1 (Cant'd)
Event Mission time GMT
(actual) (actual)
Thermal descent (Cant'd)
6. Command roll execution
7. Command yaw magnitude and direction (plus 59.9 deg}
8. Command yaw execution (retro thrust direction aligned properly at approximately
05:43:47 G.._.T)
9. Command roll maneuver magnitude and direction (plus 94.1 deg}
i O. Command roll execution
11. Command vernier thrust level (200 Ib) and retro phase and delay between AMR "mark" and
vernier ignition (7.825 sec)
12. Command on mode 2 data
13. Command tetra sequence mode on
14. Command vernier lines and tanks thermal control off
15. Command AMR power on
16. Command thrust phase power on
17. AMR enabled by command
18. Backup AMR "MARK" time commanded
19. AMR "mark" signal
Terminal descent automatic events
!. Vernier engines ignition
2. Main retro motor ignition
3. Doppler and altimeter radars (RADVS) power on
4. Main retro motor burnout
5. Main retro motor eject
6. Main retro motor separation
7. Doppler (RADVS) control enabled
8. Beam 3 loses lock
9. Beam 3 regains lock
Command on mode 3 data
Command presumming amplifier on (to get touchdown strain gage data)
10. 1000 ft mark
11. I0 ft/sec mark
12. 14 ftmark
13. Touchdown (indicated by retro accelerometer)
L-J-62:55:45
t -}-62:59:43
L-I-63:00:46
L-J-63:03:28
L@63:04:! 6
L _-63:09:22
L'_-63:19:33
L-Jr-63:25:26
L-f-63:25:51
L_-63:28:56
L-J-63:29:56
L-_-63:31:56
L-f-63:33:37
L -I-63:33:39.7
L-J-63:33:47.6
L_-63:33:48:6
L-J- 63:33:49.2
L-f-63:34:27.8
L_63:34:40
L-_-63:34:41
L-_-63:34:43
L-I-63:34:43
L -t-63:34:45
L _-63:35:00
L -I-63:35:0 !
L_-63:36:15
L -J-63:36:28
L_63:36:34
L_63:36:36
05:36:46
05:40:44
05:41:47
05:44:29
05:45:17
05:50:23
06:00:34
06:06:27
06:06:52
06:09:57
06:10:57
06:12:57
06:!4:38
06:14:40.7 h
06:14:48.6 b
06:14:49.65 b
06:! 4:50.2 b
06:15:28.85 b
06:15:41 u
06:15:42 b
06:15:44 h
06:15:44 h
06:15:46 I'
06:16:01
06:16:02
06: I 7:16 b
06:17:29 b
06:17:35 h
06:17:37 _
bTime telemetry data were received in performance analysis area at Space Flight Operations Facility (i.e., includes transit time from spacecraft to ground, SFOF process.
ing delay, and commutation delay.
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Table A-2.
Station
DSS 51, Johannesburg
DSS 11, Goldstone
DSS 51, Johannesburg
DSS 42, Tidbinbilla
DSS 11, Goldstone
DSS 51, Johannesburg
DSS 42, Tidbinbillo
DSS 11, Galdstone
DSS 51, Johannesburg
Event
5 deg elevation rise
5 deg elevation rise
90 deg hour angle set
5 deg elevat!on rise
5 deg elevation set
270 deg hour angle rise
5 deg elevation set
5 deg elevation rise
90 deg hour angle set
* Based upon best set of postiniectlon trajectory datad.
** View periods of moon's center.
May-
June
1966
30
31
31
31
31"
31
31
1
1
Predicted* view period summary
GMT
15:04:30
02:08:40
02:16:36
05:59:23
10:33:47
15:00:04
19:25:16
02:23:28
02:58:45
Station
DSS 42, Tidbinbilla
DSS 11, Goldstone
DSS 51, Johannesburg
DSS 42, Tidbinbilla
DSS 11, Goldstone
DSS 51, Johannesburg
DSS 42, Tidbinbilla
DSS 11, Galdstone
Event
5 deg elevation rise
5 deg elevation set
270 deg hour angle rise
5 deg elevation set
5 deg elevation rise
90 deg hour angle set
5 deg elevation rise* "
5 deg elevation set* °
May-
June
1966
1
1
1
1
2
2
2
2
GMT
06:29:44
11:08:04
15:14:32
19:36:12
02:25:13
03:09:12
06:38:55
11:25:08
Table A-3. Lunar operations sequences _'
FIRST LUNAR DAY
June 2, 1966
Post-touchdown standard sequence for turning off power
to systems used during terminal descent.
First pictures (200-line) using standard sequence
(survey of Pads 2 and 3).
Solar panel and h;gh-gain antenna erection test.
First 600-line pictures (360 deg constant range survey).
Wide-angle survey of one sector (54 deg).
Narrow-angle survey of two sectors (18 deg each).
June 3, 1966
Wide-angle survey of five sectors (54 deg each--360 deg total).
Survey of Pad 2 area.
Narrow-angle surveys of 14 sectors (18 deg each).
Color survey of Pad 2.
June 4, 1966
DSS 51 video training survey (3 pictures).
Surveys of Pads 2 and 3 and crushable block 1 and 2 imprints.
Color survey.
DSS 42 video training survey.
N_. gas jet/surface reaction study.
June 5, 1966
Surveys of Pad 2 color test chart, Pads 2 and 3, and crushable
block 3 imprint.
Narrow-angle survey of 10 sectors (18 deg each).
Color survey of Rock A.
Wide-ang',e survey of 4 sectors (54 deg each).
Mapping survey of star Sirius.
Survey of Pads 2 and 3.
DSS 42 200-line TV thermal study.
June 6, 1966
(Lunar noon 06:17 GMT)
Surveys of Pad 2 color test chart, Pads 2 and 3, crushable
block 1 and 3 imprints.
N.. gas jet/surface reaction study.
Wide-angle color survey (360 deg total).
Mapping survey of stars Sirius and Canopus.
Wide-angle color survey (360 deg total).
Survey for earth search.
June 7, 1966
Surveys of Pad 2 color test chart, and Pads 2 and 3.
Wide-angle survey (360 deg total).
Narrow-angle color survey of 6 sectors (18 deg each).
Surveys of Pad 2 color test chart, and Pads 2 and 3.
zLOther than routine engineering interrogations. All picture sequences are 600-line unless otherwise noted.
144
JPL TECHNICAL REPORT NO. 32-1023, ,
APPENDIX B
Surveyor Spacecraft Configuration
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Table A-3 (Cant'd)
FIRST LUNAR DAY
June 8 and 9, 1966
No operations during lunar noon.
June 10, 1966
Surveys of Pad 2 color test chart.
Wide-angle survey (360 deg total).
Surveys of Rocks A and B (color), helium bottle (color),
focus ranging profile, and crushable block I _mprlnt.
Narrow-angle survey of 9 sectors (18 deg each).
Search survey of planet Venus.
June 11, 1966
Survey of Pad 2 color test chart.
Wide-angle survey (360 deg total).
Narrow-angle survey (360 deg total).
Survey of crushable block 1 imprint, Omniantenna B locking
strut and auxiliary battery.
Search survey of star Arcturus.
Survey of Compartment A top, and Omniantenno B color
test chart.
Narrow-angle color survey of one sector.
Color survey of Compartment B top.
Surveys of Landing Legs 2 and 3.
Mapping survey of star Sirius.
June 12, 1966
Survey of Omniantenna Bcolor test chart.
Wide-angle survey (300 deg total).
Narrow-angle survey (330 deg total).
Narrow-an31e color survey of Pads 2 and 3.
Three focus ranging profiles.
Horizon scan, and w_de- and narrow-angle azimuth scans.
June 13, 1966
Wide- and narrow-angle horizontal surface scan.
Survey of c.-ushable black 3 imprint.
Narrow-angle surveys of 2 sectors.
Survey of Omniantenna B color test chart.
Wide-angle survey J300 deg total).
Narrow-angle survey (270 deg total).
June 14, 1966
Survey of Omniantenna B color test chart.
Wide-angle survey (360 deg total).
Narrow-angle survey of 5 sectors (18 deg each).
Horizon scans at sunset.
(Start lunar night 15:12 GMT)
Survey of solar corona.
Pad 2 earthshine picture (4-rain exposure).
June 15 and 16, 1966
Engineering interrogations only until spacecraft telemetry was
commanded off at 20:31 GMT
SECOND LUNAR DAY
June 28 to July 6, 1966
Spacecraft did not respond to commands.
July 7, 1966
Solar panel positioning for increased charge rate.
Camera status verification (24 pictures).
July 8, 1966
Surveys of Pad 2, Compartment A top, and crushable block
imprint.
Attempt to fire vernier engines.
Horizon scans at three azimuths.
Surveys of Pad 3, crushable block 3 imprint, and auxiliary battery.
Approach TV camera turn-on (no video transmitted).
July 9 to 11, 1966
No camera operation owing to excessive battery temperature.
July 12, 1966
Survey of rock B.
Horizon scan.
Wide-angle survey (360 deg total).
Repeated surveys of Compartments A and B tops.
Repeated surveys of advancing spacecraft shadow.
Repeated surveys of crushable block 3 imprint.
Surveys of Pads 2 and 3.
Survey of Omniantenna B color test chart.
July 13, 1966
DSS 42 and DSS 51 surveys of spacecraft shadow at
hourly intervals.
Surveys of Omniantenna B color test chart, and Pads 2 and 3.
Mirror/filter wheel dust determination.
Narrow-angle survey of 4 sectors.
Survey of Compartment A top.
Narrow-angle survey of 2 sectors.
Survey of Pad 2.
July 14, 1966
DSS 5! solar corona survey attempt (200-line).
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Spacecraft Temperature Histories
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Fig. C-9. Lunar temperatures, survey camera electronics
161
JPL TECHNICAL REPORTNO. 32-1023
240
200
160
o
w" =20
rr
<[
n_
hi
O.
=_ 8o
hi
4O
Z
0
a
T
fJ
:)
_O
I I I I I I I I I I I
Z
0
0
Z
r_
Z
J
NO SOURCE OF POST
LANDING LUNAR TEMPERATURE
PREDICTIONS AVAILABLE
I
n-
O
Z
=E
n-
tlJ
t-
p-
1-
(._
(Z
(3
I I I
Z
0
(3
1-
01
El_
n-
W
0
I
6-2 6-3
I I I J I I I I I
6-4 6-5 6-6 G-7 6-8 6-9 6-10 6-11
EARTH DAYS (MONTH-DAY)
I I I I
6-12 6-13 6-14 6-15 6-16
Fig. C-10. Lunar temperatures, Transmitter A
162
JPL TECHNICAL REPORTNO, 32-1023
u_
e,,
t=J
o.
3E
tlJ
I--
4OO
5OO
2O0
I00
0
-I0O
-200
-500
Z
0
r_
"r
0
6-2
I I I I I I I I I I I I I I I
f
J------J__
6-3 6-4
mZ
ZO
_Z rr
.J 0
NO SOURCE OF POST
LANDING LUNAR TEMPERATURE
PREDICTIONS AVAILABLE
I__I J I I L t L L
6-5 6-6 6-7 6-8 6-9 6-10 6-11 6-12 6-13 6-14
I._ Z
0.. <,_
03
6-15 6-16
EARTH DAYS (MONTH-DAY)
Fig. C-11. Lunar temperatures, solar panel
163
JPL TECHNICAL REPORTNO, 32-1023.
u;
n..
I--
n.-
IJ.I
n
LLI
I--
250
2OO
150
IO0
50
-5o
I I I I I I I I I I ! I I I I
n,.
Z
0
0
"I-
D
PREDICTIONS AVAILABLE
I I I I I I I 1 I I I 1 I I I
6-2 6-'3 6-4 6-5 6-6 6-7 6-8 6-9 6-10 6-11 6-12 6-15 6-14 6-15 6-16
EARTH DAYS (MONTH-DAY)
Fig. C-12. Lunar temperatures, Fuel Tank No. 1
164
JPL TECHNICAL REPORT NO. 32-1023
BIBLIOGRAPHY
Project and Mission
Surveyor A-G Project Development Plan, Project Document 13, Vol. 1, Jet Pro-
pulsion Laboratory, Pasadena, January 3, 1966.
Clarke, V. C., Jr., Surveyor Project Objectives and Flight Objectives for Missions
A through D, Project Document 34, Jet Propulsion Laboratory, Pasadena, March
McGlinchey, L. F., Surveyor Mission A Flight Test Objectives, Project Document
32-S/MA, Rev. 1, Jet Propulsion Laboratory, Pasadena, May 19, 1966.
"Surveyor Mission A Postflight Analysis Meeting," minutes of meeting held at
JPL July 19, 1966.
Surveyor I Preliminary Results: National Aeronautics and Space Administration
Five-Day Science Report, Project Document 97, Jet Propulsion Laboratory,
Pasadena, June 30, 1966.
Surveyor I-A Preliminary Report, NASA SP 126, compiled by Lunar and Planetary
Programs Division, Office of Space Science Applications, NASA, June 1966.
"'Space Exploration Programs and Space Sciences," Space Programs Summary
No. 37-40, VoI. VI, for the period May 1 to June 30, 1966, Jet Propulsion Lab-
oratory, Pasadena, June 30, 1966.
Launch Operations
Macomber, H, L., Surveyor Block I Launch Constraints Document, Project Docu-
ment 43, Jet Propulsion Laboratory, Pasadena, June 11, 1965.
Macomber, H. L., and O'Neil, W. J., Surveyor Launch Constraints Mission A-
May/]une 1966 Launch Opportunity, Project Document 43, Addendum No. 1,
Jet P_ropulsion Laboratory, Pasadena, May 16, 1966.
Macomber, H. L., Surveyor A-G Mission Operations Plan (Launch Operations
Phase) Mission A, Proiect Document 58, Jet Propulsion Laboratory, Pasadena,
May 16, 1966.
Centaur Unified Test Plan AC-IO/SC-1 Launch Operations and Flight Plan Sec-
tion 8.10, Report AY62-0047, Rev. B, General Dynamics/Convair, San Diego,
May 2, 1966.
Test Procedure Centaur Surveyor Launch Countdown Operations AC-IO/SC-1
Launch (CTP-INT-OOO4L), Report AA63-0500-004-03L, General Dynamics/
Convair, San Diego, May 17, 1966.
Barnum, P. W., ]PL ETR Field Station Launch Operations Plan Surveyor
Mission A, Engineering Planning Document 354, Jet Propulsion Laboratory,
Pasadena, May 23, 1966.
Surveyor Mission A Centaur-lO Operations Summary, Report TR-358, Centaur
Operations Branch, KSC/ULO, Cape Kennedy, May "9.24,1966.
Surveyor A (AC-IO) Flash Flight Report, Report TR-368, Centaur Operations
Branch, KSC/ULO, Cape Kennedy, May 31, 1966.
165
JPL TECHNICAL REPORTNO. 32-1023
BIBLIOGRAPHY (Cont'd)
Launch Vehicle System
Galleher, V. R., and Shaffer, J., Jr., Surveyor Spacec1"aft/Launch Vehicle Interface
Requirements, Project Document 1, Rev. 2, Jet Propulsion Laboratory, Pasa-
dena, December 14, 1965.
Atlas Space Launch Vehicle Familiarization Handbook, Report GD/C-BGJ66-002,
General Dynamics/Convair, San Diego, February 15, 1966.
Centaur Technical Handbook, Convair Division, Report GD/C-BPM64-001-1,
Rev. B, General Dynamics/Convair, San Diego, January 24, 1966.
Centaur Monthly Con[_guration, Per[ormance and Weight Status Report, Report
GDC63-0495-37 (Appendix A), General Dynamics/Convair, San Diego, June 24,
1966.
Preliminary AC-IO Atlas-Centaur Flight Evaluation, (by staff of Lewis Research
Center, Cleveland, Ohio), NASA Technical Memorandum X-52212, NASA,
Washington, D.C., 1966.
AC-IO Flight Review (a preliminary presentation of flight results), General
Dynamics/Convair brochure, General Dynamics/Convair, San Diego.
Atlas Centaur AC-IO Flight Evaluation Repol"t, Report GDC-BNZ66-037, General
Dynamics/Convair, San Diego, July 15, 1966,
Spacecraft System
Surveyor Spacecraft A-21 Functional Description, Document 239524 (HAC Pub.
70-9_401), 3 Vols., Hughes Aircraft Co., El Segundo, Calif., November 1, 1964
(revised April 16, 1966).
Surveyor Spacecraft A-21 Model Description, Document 22484713, Hughes Aircraft
Co., E1 Segundo, Calif., March 1, 1965 (revised June 1, 1965).
Surveyor Spacecra[t Monthly Pe1_ormance Report, Report SSD 68129R, Hughes
Aircraft Co., E1 Segundo, Calif., May 21, 1966.
Surveyor Spacecraft System-Bimonthly Progress Report, mid-April through mid-
June 1966, Report SS-131-SSD 68135R, Hughes Aircraft Co., El Segundo, Calif.,
June 9_, 1966.
Surveyor Spacecraft System-Surveyor I Flight Per[ormance Preliminary Repol_t,
Report SSD 681521, Hughes Aircraft Co., E1 Segundo, Calif., June 27, 1966.
Tracking and Data Acquisition
Program Requirements No, 3400, Surveyor, Air Force Eastern Test Range, Patrick
Air Force Base, Fla., April 5, 1966.
Operations Directive 3400, Surveyor Launch, Air Force Eastern Test Range,
Patrick Air Force Base, Fla., May 19, 1966.
Project Surveyor-Support Instrumentation Requirements Document, prepared by
JPL for NASA, April 22, 1966.
166
JPL TECHNICAL REPORTNO. 32-1023
BIBLIOGRAPHY (Cont'd)
Tracking and Data Acquisition |Cont'd)
Surveyor Project/Deep Space Network Interface Agreement, Engineering Planning
Document 260, Rev. 2, Jet Propulsion Laboratory, Pasadena, November 22,
1965.
Pre-Flight and Post-Flight Review o_ the Tracking and Data-Acquisition System
For the Surveyor Mission i, Engineering ,,I ....... r_ ....... • 4m r,,_,_l;,_,_,_,,_I ldlilllll_ " _v
Jet Propulsion Laboratory, Pasadena, July 19, 1966.
Mission Operations System
Surveyor Mission Operations System, Technical Memorandum 38-264, Jet Propul-
sion Laboratory, Pasadena, April 4, 1966.
Space Flight Operations Plan-Surveyor Mission A, Engineering Planning Document
180, Rev. 5E, Jet Propulsion Laboratory, Pasadena, May 9, 1966.
Flight Path
Surveyor Spacecraft Launch Vehicle Guidance and Trajectory Interlace Schedule,
Project Document 14, Rev. 2, Jet Propulsion Laboratory, Pasadena, August 1._,
1965.
"'Design Specification-Performance Ground Rules and Launch Periods-Surveyor
Mission A,'" Specification SAO-50482-DSN-A, Jet Propulsion Laboratory, Pasa-
dena, December 15, 1965.
"Design Specification Surveyor Centaur Target Criteria Surveyor Mission A," Spec-
ification SAO-50489-DSN-C, Jet Propulsion Laboratory, Pasadena, January 3,
1966.
Surveyor Station View Periods and Trajectory Coordinates, SSD 5889R, Hughes
Aircraft Co., El Segundo, Calif., August 1965.
Cheng, R. K., Meredith, C. M., and Conrad, D. A., "Design Considerations for
Surveyor Guidance," IDC 2253.2/473, Hughes Aircraft Co., E1 Segundo, Calif.,
October 15, 1965.
Fisher, J. N., and Gillett, R. W., Surveyor Direct Ascent Trajectory Character-
istics, SSD 56028R, Hughes Aircraft Co., E1 Segundo, Calif., December 1965.
Winkelman, C. H., Surveyor Mission A Traiectory Design Report Revision B,
SSD 68024, Hughes Aircraft Co., E1 Segundo, Calif., January 12, 1966.
Pre-Injection Trajectory Characteristics Report AC-IO, GDC-BTD66-032, General
Dynamics/Convair, San Diego, April 1966.
Surveyor Mission A Post Injection Standard Trajectories, SSD 64085R, Hughes
Aircraft Co., E1 Segundo, Calif., April 1966.
167
JPL TECHNICAL REPORTNO. 32-1023.
BIBLIOGRAPHY (Cont'd)
Flight Path (Cont'd)
Davids, L. H., and Ribarieh, J. J., Surveyor Mission A Preflight Maneuver Analysis,
SSD 68086R, Hughes Aircraft Co., El Segundo, Calif., April 1966.
Davids, L., Meredith, C., and Ribarieh, J., Midcourse and Terminal Guidance
Operations Programs, SSD 4051R, Hughes Aircraft Co., E1 Segundo, Calif.,
April 1964.
Centaur" G_idance System Report, AC-IO Accuracy Analysis, BTD64-013-11,
General Dynamics/Convair, San Diego, April 1966.
AC-IO Firing Tables Data, May June 1966 Launch OppoFtunity, GD/C-BTD66,
General Dynamics/Convair, San Diego, 1966.
Meredith, C. M., Surveyor" 1 Flight Path Analys'is and Command Operations
Report, SSD 68142R, Hughes Aircraft Co., E1 Segundo, Calif., June 24, 1966.
168
